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FOREWORD 

This report  was prepared by the Space Division of North American 
Aviation, Inc. , under Contract NAS8-2032 0, "Electronic Packages Environ- 
mental  Control Systems and Vehicle Thermal  Systems Integration, ' I  for 
NASA's George C. Marshall  Space Flight Center (MSFC). 
administered under technical direction of the Propulsion and Vehicle Engi- 
neering Laboratory, with F. Huneidi the contracting off icer ' s  representative. 

The work was 

This  three-volume repor t  presents the resu l t s  of the 12-month study 
to determine the optimum environmental control 
conditioning individual electronic packages for space missions of durations 
ranging f rom 4-1 /2  hours to 180 days. 

systems for  thermally 

The first volume (SID 67-373-1) is the summary,  which contains the 
significant resul ts  and supporting information of the technical study. 

The second volume (SID 67-373-2) i s  the technical report ,  which con- 
tains the details of the study effort and the resul ts  and conclusions drawn 
f r o m  the study. 

The third volume (SID 67-373-3) i s  the appendix, which contains the 
CRT data plots of the thermal  analysis (heat balances) conducted during the 
study. 

The technical personnel who contributed to the study effort a r e  
C.A. Aldrich, R. C.Coda, J. Hermann, B. Mykytyn, and D. J. Watanabe of 
the Space Division, and H. Kamei of the Autonetics Division, North American 
Aviation, Inc. 
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INTRODUCTION 

With NASA planning underway for use of the Saturn instrument unit 
( IU) over greater  periods of time than that of the present  6-1/2 hour LOR 
mission and for  extended operational period's in future space missions,  an 
important consideration i s  the control system necessary for thermal  con- 
ditioning of the astrionic equipment located within the IU. Future Saturn V 
missions with a variety of mission profiles, vehicle configurations, and 
mission durations can be expected to impose a wide range of increasingly 
stringent requirements on the thermal conditioning system (TCS). 

This study was undertaken to determine the optimum thermal  condition- 
ing systems for I U  electronic packages for Saturn space missions ranging 
f rom 4-1/2 hours to 180 days. 
a r e  to be optimized on the basis of mission duration, operational temperature  
l imits ,  and heat dissipation ra te  of the electronic packages. 

These systems a r e  to be basic concepts and 

The cur ren t  IU thermal  conditioning system i s  designed for about six 
and one-half hours of operation, but with minor modifications and/or additions 
it i s  possible that this time could be extended. 
components with limited disign life and an increase in the amount of stored 
supplies (water and gaseous nitrogen) may be sufficient in some cases ,  
particularly for relatively short durations. For  longer operation, the mod- 
ification could become more  extensive since the weight and volume penalty 
of stored supplies could become prohibitive. 
modifications and/or  additions will depend upon the mission and the on-board 
a s tr ionic equipment. 

The replacement of those 

The extent of the necessary 

With the possibility of extending the current  system's  operation, and 
with the high development cost  of new systems,  the study was directed toward 
uprating the cur ren t  I U  thermal  conditioning system. Important considera- 
tions include maximum use of existing components, impact of possible design 
improvements of astrionic equipment, and changing environmental conditions 
and heat loads. The recommended system concepts represent  a logical 
evolution f rom the current  thermal  conditioning system concept with an 
increasing degree of modifications. In addition to the system concepts, 
system data in parametr ic  form that were used in establishing the recom- 
mended concepts have been provided, 

The study involved a number of tasks  that included (1) defining the 
requirements and constraints imposed by the various missions and vehicle 
configurations and by the thermal  limits of the astrionic equipment; 

- 1 -  
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(2 )  reviewing the current  I U  astrionic equipment to establish possible design 
improvements based on present  technology and on projected new developments 
and resulting impact on thermal requirements;  and (3) synthesizing candidate 
thermal  conditioning systems (starting with the current  system concepts), 
conducting system analyses to provide necessary data for  systems selection, 
and selecting the optimum thermal  conditioning system concepts suitable for 
future Saturn missions. Finally, as a result  of.the study, severa l  conclu- 
sions have been made relative to the recommended system concepts and 
recommendations for  future investigations. 

.This volume summarizes  the resul ts  of the 12-month study. 

- 2 -  
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1 . 0  REQUIREMENTS AND CONSTRAINTS 

System requirements and constraints have been established to pro-  
vide the basic guidelines for  t h e  technical effort. . The requirements and 
constraints encompass the range of values o r  conditions representative 
for  foreseeable future missions.  
and environmental thermal  conditions imposed by the mission /vehicle com- 
bination provide the basic TCS requirements. 

Astrionic equipment the rma l  requirements 

, 

MISSION VEHICLE DATA 

F o r  this study, three mission models for the 'Saturn V have been 
selected: near-ear th  orbit, synchronous ear th  orbit, and lunar and planetary 
missions.  Typical mission profiles have been established. These profiles, 
in conjunction with vehicle configurations, were  used to define the thermal  
environment and mission/vehicle constraints that may be expected for future 
missions with 4-1 /2 hour to 180-day durations. 
the assumed mission profiles given in Figure 1-1, together with the assumed 
vehicle orientations, establish the environmental heat loads expected. The 
mission phases and duration indicated in Figure 1-1 were  assumed to be 
typical and, thus, adequate for  this study. 

F o r  the mission models, 

Several  vehicle configurations have been assumed that a r e  considered 
to be representative of the types that may be selected f o r  the nea r - t e rm 
and future Saturn missions. 
with various combinations of the I U  o r  units with uprated upper stages and 
spacecrafts.  

These configurations a r e  basically the Saturn V 

The cur ren t  IU /S-IVB configuration was selected as the baseline. 

The potential mission vehicle configurations a r e  illustrated in 
F igure  1 - 2 ,  which is intended a s  an aid in defining the overal l  thermal  
environment imposed by the vehicle and the space environment. 
potential configurations have been considered to provide the widest possible 
range of conditions that may be expected for the future missions.  

Various 

SPACE ENVIRONMENT 

F o r  purposes of this study, a relatively simple model for  the space 
environment was  assumed. 
density o r  vacuum condition, zero gravity, and thermal  radiation. The 
other environmental factors were  considered to have negligible effects, 
based on. the assumption that mission t ra jector ies  and operational t ime 
per iods will  be selected to minimize environmental hazards  such a s  
radiation and part ic les  . 

The significant environmental factors  a r e  low 
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INCIDENT HEAT FLUX 

Thermal  radiation f r o m  planetary bodies striking on the vehicle s u r -  
face is a pr ime consideration in the design of the thermal  conditioning system. 
F o r  this reason, incident heat fluxes have been obtained for a simulated 
spacecraft  (or  I U )  f o r  various orbits and vehicle orientations associated 
with the three mission models selected for  the study. The various orbits 
and vehicle orientations for which the incident heat fluxes were  computed 
are  identified in Table 1-1.  In this table, Cases IU-1, I U - 2 ,  IU-3, and 
IU-11  descr ibe orbits and vehicle orientations applicable to the mission 
profile for a 200-nautical-mile near-ear th  c i rcular  orbit, a s  shown in the 
upper portion of Figure 1-1. Cases IU-1,  IU-2,  and IU-11 a r e  also appli- 
cable to the assembly and checkout orbit  period for a lunar o r  planetary 
mission (see lower portion of Figure 1-1).  
ear th  c i rcular  orbit and the initial checkout orbit period for a lunar o r  
planetary mission a r e  described by Cases IU-7, IU-8, and IU-10; and the 
initial checkout orbit period for the synchronous earth orbit  mission i s  d e s -  
cribed by Case IU-4. 
and IU-6 ,  and Case IU-9 applies to lunar o r  deep space injection. 

The 100-nautical-mile near -  

The synchronous orbit  itself is considered in CasesIU-5 

The relationship of the vehicle coordinate axes,  I U  location numbers,  
and vehicle orientation is illustrated in Figure 1 -3  for  a 200-nautical-mile 
ear th  crbi t  a t  29-degrees inclination. 
pass  through IU Location 21, the positive z axis was chosen to pass  through 
IU Location 15 ,  and the positive x axis was chosen to coincide with the 
vehicle longitudinal axis. 
lation of incident heat f lux  a r e  illustrated for  the position of the vehicle a t  
the sub-solar point. When the x axis is tangent to the flight path (x-tan), 
the negative z axis (IU Location 3) faces the ear th  continuously. 
x axis is sun-oriented (x-solar),  the forward end of the vehicle faces the 
sun continuously. 
y axis ( I U  Location 21) faces the sun continuously. 

The positive y axis was chosen to 

The three vehicle orientations used in the calcu- 

When the 

When the y axis is sun-oriented (y-solar) ,  the positive 

These incident heat fluxes were  obtained by using an IBM 7094 digital 
computer program developed at NAA that calculates direct  solar radiation, 
planet-reflected solar radiation, and planet-emitted radiation for  the 
IU surface a s  a function of orbital  position. The resul ts  were  obtained in 
three  forms:  (1) a tabular listingsof the heat fluxes (direct  solar ,  ear th  
albedo, and earth emission) a s  a function of t rue  anomaly and orbit  t ime;  
( 2 )  a CRT plot of the heat fluxes versus  t rue  anomaly; and (3) punched IBM 
cards  with heat fluxes versus  t ime (to be used in conjunction with the NAA 
Thermal  Analyzer program).  

A comparison made of the heat fluxes for all the cases  indicated that, 
in a number of cases ,  the fluxes were either identical o r  very  close.  
the basis of this review, four cases  were  selected a s  adequately representing 

On 
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Table 1- 1 .  Orbits and Vehicle Orientation Data 

Case Description 
Case  
No. Vehicle Orientation Orbit  Description 

ZOO-n. mi .  c i rcu lar  orbi t ;  angle of inclina- 
tion = 29"; launch date approximately 
June 21 
(r ight  ascension - 0 " )  

' a )  X ax i s  tangent to flight path 

:b) X ax i s  sun-oriented 

:c )  Y ax i s  sun-oriented 

-I, ax i s  ear th-or ien ted  

Z ax i s  perpendicular to orb i t  plane 

Z ax i s  perpendicular  to orb i t  plane 

IU- 1 

IU-2 

.- 

IU-3 

I U - 4  

[ a )  Same a s  Case  IU-1-(a)  
:b) Same a s  Case  IU- l - (b)  
[ c )  Same a s  Case  IU- l - ( c )  

200-n. mi. c i rcu lar  orbi t ;  angle of inclina- 
tion = 34";  launch date approximately 
December 21 
(right ascension - 0")  

~ 

( a )  Same a s  Case  IU-1-(a)  
(b)  X ax is  sun-oriented 

Z ax i s  in o rb i t  plane 
( c )  Y ax i s  sun-oriented 

Z ax i s  in o rb i t  plane 

(a) Same a s  Case  I U - l - ( a )  

200-n.mi.  c i rcu lar  orbi t ;  in plane of 
te rmina tor ,  angle of inclination = 90'; 
launch date approximately March 2 1 
(right ascension - 0" )  

100-n. mi .  c i rcu lar  orbi t ;  equatorial-angle 
of inclination = 0" ;  launch date approxi- 
mately March 21 
(right ascension - O o )  

IU- 5 

~ 

I U -  6 

- 9 ,  327-n. mi. (synchronous altitude) 
c i rcu lar  orbi t ;  angle of inclination = 10" 
(continuous solar  exposure) ;  launch date 
approximately March 2 1 
(right ascension - 0 " )  

( a )  Y ax i s  sun-oriented 

(b) X ax i s  sun-oriented 

(c )  X ax i s  tangent to flight path 

Z ax i s  perpendicular  to  orb i t  plane 

Z ax i s  perpendicular  to  orb i t  plane 

-Z  ax i s  ear th-or ien ted  

19, 327-n. mi. (synchronous alt i tude) 
c i rcu lar  orbi t ;  angle of inclination = 0"  
(maximum shadow period);  launch date 
approximately March 2 1 
(right ascension - 0") 

( a )  Same a s  Case  IU-5-(a) 
(b) Same as Case  IU-5-(b) 
(c )  Same a s  Case  IU-5-(c)  

100-n.mi. c i rcu lar  orbi t ;  angle of inclina- 
tion 29 O ;  launch date approximately 
June 12 
(r ight  ascens isn  - 0 " )  

(a) Same a s  Case  IU-1-(a) 
(b )  Same as Case  IU-1-(b) 
( c )  Same as Case  IU-1-(c) 

IU-7 

IU-8 100-n. mi .  c i rcu lar  orbi t ;  angle of inclina- 
tion = 34"; launch date approximately 
December 21 
(right ascension - 0 ' )  

(a) Same as Case  IU-1-(a) 
(b)  Same as Case  IU-1-(b) 
( c )  Same as Case  IU-1-(c) 

IU-9  Lunar o r  deep space injection (a) Same as Case  IU-5-(a) 
(b)  Same as Case  IU-5-(b) 

IU- 1 ( 100-n. mi .  c i rcu lar  orbi t ;  angle of inclina- 
tion = 34"; launch date approximately 
December 21 
(right ascension - 180") 

X ax i s  tangent to flight path 

IU- 11 

- 

X ax i s  tangent to flight path 200-n. mi. c i rcu lar  orbi t ;  angle of inclina- 
tion = 34"; launch date approximately 
December 21 
(r ight  ascension - 180") 

- 7 -  
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Figure 1-3. Vehicle Orbit  Orientations 
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I -  

all the possible variations in the orbital heat fluxes on the IU. 
contain the maximum and minimum heat fluxes. 
four cases that were  used in the thermal  analysis and equivalent cases for 
those that were  not. This essentially reduced the total number of cases  to 
be investigated by eliminating duplications. 

These cases  
Table 1-2 indicates the 

Table 1 -2 .  Applicable Orbital Cases for Thermal  Analysis 

Case No. 

IU-1 
IU-2 
IU-3 
IU-4 
IU-5 
IU-6 
IU-7 
IU-8 
IU-9  
IU-10 
IU-11 

Cases to Be Used 

X 

X 
X 

X 

X 
X 

Cases  Not to Be Used 

X 

X 

X 

X 

Equivalent Case 

IU-1  

IU-6  

I U - 1  
I U - 2  
IU-6  

ASTRIONIC EQUIPMENT 

F o r  the mission models selected, the functional requirements of the 
ast r ionic  equipment were assumed to be unchanged. 
of a few new pieces of equipment, the current  list of astrionic equipment 
was assumed to be adequate. On the basis of a modified equipment l ist ,  
the heat loads and temperature  tolerance ranges were  established. The 
Saturn V IU astrionic packages perform the functions of guidance, flight 
control, instrumentation, and telemetry.  In any extension of the life cap- 
ability of the IU, therefore,  it i s  expected that the Saturn V IU  would per form 
at  least  these same functions. 
these functions is described in Reference 1-1. 

Thus, with the addition 

Astrionic equipment that presently performs 

This section af the report does not delve into specific electronic and 
functional changes in the astrionic equipment needed to extend the opera-  
tional life of the present Saturn V hardware, because this aspect  was 
considered outside the scope of this essentially vehicfe -related TCS study, 
and because studies already were  in p rogres s  in this a r e a  (Reference 1-2).  
Reference 1 -2  considers the life extension of the IU  to periods of up to 
30  days.  A significant result  of this IBM study was that very  little change 
to the astrionic equipment was required for life extension of up to 30 days. 
F o r  mission life extensions of up to 180  days, however, it is  expected that 
d ra s t i c  changes in the design of astrionic equipment a r e  required.  

- 9 -  
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As a result of microminiaturization, the following are  some of the 
general  design changes which a r e  anticipated: 

1 .  Guidance Systems 

a. Inertial stable platforms 

b. Data adapter 

c .  Digital computer 

1. Heat loads of individual instrument packages will be smaller .  
As 50-watt packages have become m o r e  common than 200-watt 
packages, so will 15-watt packages become more  common than 
5 0 -watt packages. 

2.  Total astrionic sys tem heat loads will become only slightly smaller .  
The system will consist of more  packages performing more  func- 
t ions de spit e consolidat ion. 

3 .  The astrionic unit will  depend more  on forced cooling to meet  
higher reliability goa ls  and to counter otherwise higher tempera-  
tu res  resulting f r o m  increased heat densities. 

4. The integral coldplate packaging concept will become increas-  
ingly dominant. 
physical and usually a s t ructural  par t  of the instrument package 
and is contained within the package envelope. 

This concept is one in which the coldplate is  a 

5. Active vehicle cooling systems that supply coolant to the individual 
instruments w i l l  continue to be required.  
smaller heat load packages will permit  s e r i e s  and se r i e s  -paral le l  
coolant-loop connections to permit  the coolant to  re turn to the 
vehicle TCS at the warmes t  possible temperature .  

The la rger  number of 

The IU has been developed on a building-block concept, which allows 
it to be easily modified for various missions by adding o r  deleting various 
instruments and by reprogramming the launch vehicle digital computer 
(LVDC) .  
program but also f o r  future missions in which Saturn V hardware could be 
utilized. F r o m  the astrionics viewpoint, t h i s  concept allows the improve- 
ment of any instrument o r  equipment group independent of other instruments.  

This concept is expected to be continued not only for the Apollo 

A suggested list of vehicle electronic systems to be studied (Refer-  
ence 1 - 3 )  is:  

I 

- 10 - 
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2. 

3 .  

4. 

5. 

6 .  

d. Horizon sensor  

e .  Star t racker  

Control System 

a. Rate gyros 

Measuring and Telemetry 

a. Measuring racks 

Radio Frequency Systems 

a. Radar alt imeter 

b. C-Band radar  

c .  Minitrack 

d. Azusa transponder 

Electr ical  Systems 

a. Batteries 

b. 

c.  Switch selector 

Radar System 

Powe r -dis t ributo r s 

The i tems of electronic equipment listed, except for the guidance 
optical sensors  and radars ,  a r e  current IU inventory i tems. The 
the rma l  character is t ics  of this IU equipment a r e  shown in Figure 1-4, in 
which the ordinate is the tolerable case  temperature  range of the instru- 
ment and the abscissa  is t h e  heat load of the equipment. The equipment 
list, temperature  range, and heat load data were  provided by NASA/MSFC 
for  this study (References 1 - 4  and 1-5) .  

In Figure 1-4, the equipment is plotted in the order  of a diminishing 
lower temperature  limit. 
temperature  l imit  of 68 F, a r e  plotted f i r s t ,  and the flight control com- 
puter and the control signal processor,  which have a lower operating tem- 
pera ture  limit of -67 F, are plotted last. 
associated with the temperature sensitivity of the equipment and allows 
grouping of the equipment on a thermal capability basis. 

That is, batteries,  which have a lower operating 

This readily shows the heat loads 

- . 11  - 
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To minimize the number of groups, the tolerable temperature  range 
of some packages was extended beyond that specified by NASA. 
instances, i t  is believed that the NASA limits are too conservative and that 
the wider temperature  limits are  inherently tolerable for  the equipment (or 
could be made tolerable with only minor thermal  design improvements 
within the packages). F o r  the packages on the present  Saturn V instrument 
unit, three groups appeared logical: 50 F to 1 2 2  F (Group I); -4 F to 167 F 
(Group 11); and -67 F to 185 F (Group 111). 
practical  purposes, expected to require an active TCS utilizing a recirculating 
coolant. The supply temperature  of the coolant would be maintained within 
allowable limits by a suitable temperature control system. 
Group I1 was expected to require a s imilar  active TCS with a recirculating 
coolant. However, the wider permissible temperature  range of the packages 
in this group was considered to make active temperature  control of the coolant 
unnecessary.  
plates,  acting a s  thermal  radiators, might t ransfer  a sufficient quantity of 
heat to the instrument unit outer shell and the adjacent s t ructure  and thus 
maintain the coolant temperature  within allowable limits. 
temperature  range for  Group I11 equipment i s  such that a ,completely passive 
thermal  conditioning sys tem appeared to be entirely feasible for  packages 
in this group. To realize the potential of this method, advantage is taken 
of the the rma l  mass of the electronic equipment.and the vehicle coldplates 
and /o r  s t ructure  on which the equipment is mounted. This thermal  mass  
can prevent the equipment f rom exceeding tolerable temperature  limits as 
environmental heat loads change with orbital  positions. 
completely passive TCS in Group 111 is the integrally cooled flight control 
computer. Although, f rom a standpoint of temperature  range tolerance, 
this unit appears in Group 111, the requirement for  coolant flow would require 
that i t  be contained in Group 11. 

In these 

The packages in Group I w e r e ,  for 

Equipment in 

This assumption was based on the belief that the vehicle cold- 

The permissible  

One exception to a 

The equipment function (i. e . ,  the generic equipment) required for  
the postulated missions may be grouped in the three following categories: 
guidance and control; measuring, R F ,  and telemetry; and electrical .  F o r  
the purpose of this study, the pr imary  power supply (batteries,  fuel cells ,  
solar  cel ls ,  etc. ) is not considered astrionic equipment and is discussed 
in another section. 
not included because t h i s  is special equipment whose requirements could 
va.r y wide ly . 

Pr imary  mission experiments and senso r s  a lso a r e  

Table 1 - 3  gives probable typical equipment character is t ics  for  I U  
applications fo r  the present operational time period (1966 to 1969), the 
intermediate future operational time period (1968 to 1971), and the future 
operational t ime period (1970 to 1975). The equipment type, supplier, 
probable package heat load, package weight, tolerable case temperature  
range, tolerable nonoperating temperature range, and probable cooling 

- 13 - 
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methods a r e  listed in the table. The present  I U  equipment shown in 
Figure 1-4 is  included under present t ime period, along with other probable 
candidate units such a s  the horizon sensor ,  s t a r  t racker ,  auxiliary computer 
memory storage, tape recorder ,  radar  a l t imeter ,  rendezvous radar ,  and 
H F  and S-band communications, which a r e  not par t  of the present  Saturn V 
IU .  These probable candidate units have been included in accordance with 
the contract statement of work. 

It should be emphasized that the equipment shown in Table 1 -3  is  not 
intended to be typical for any one mission; rather it is  a complete shopping 
list f rom which a specific l is t  can be selected for a specific mission o r  
experiment, in keeping with the building-block concept followed by NASA 
MSFC. In practice, a final l ist  is selected for each type of mission f rom 
exhaustive tradeoff studies. 

The intermediate future equipment of Table 1-3  i s ,  for the most par t ,  
improved Saturn V hardware. 
incorporation of integrated circuits into existing electronic c i rcui ts .  

The basic improvement assumed is the 

The future operational t ime period equipment is  assumed to be p r e -  
dominantly newly designed, fully microminiaturized electronics.  It is 
expected that an all-integrated circuit o r  s imilar  microelectronic approach 
would be followed. It is  believed that in this operational t ime period, in 
which most  of the longer duration missions (approaching 180 days) would 
be made, the microelectronic approach would be mandatory on the basis of 
required reliability improvements. The t rends and effects of microminia- 
turization and microelectronics are presented in Appendix 2B to Volume 2 
of this report  (SID 67-373-2, Pages 239-255). 

Heat load, weight, temperature tolerance,  and cooling method require - 
ments for Table 1-3  equipment applicable to the present  operational t ime 
period (1966-1969) a r e  based on information supplied by NASA (References 1-4 
and 1 - 5 ) .  
operational t ime periods (1968-1971 and 1970-1975) represent  best  es t imates  
based on the experience of NAA and other manufacturers of this equipment. 
The equipment listed in the Present  column in Table 1-3  i s  car r ied  over 
into the Intermediate Future  and Future columns. This was done for com- 
parative purposes only and does not imply that equipment functions o r  
packages would not be consolidated. Where feasible, consolidation can be 
expected to minimize the number of small units. F o r  example, a typical 
present IU contains nine measuring racks.  The microelectronic vers ions 
of these might be packaged so  that there  would be only three racks,  each 
with the capability of three present racks.  As another example, the power 
supplies associated specifically with the ST -124 of the present sys t em 
undoubtedly would become a par t  of the platform electronic package in the 
future systems.  

Listed character is t ics  of equipment applicable to the two future 
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Veh C P  Improved SV 
Vch C P  Improved SV 
Veh C P  Improved SV 

SV - RF assy - F I  Ill 13.4  - i 167 
15 - i 95 SV - 

SV - RF assy - SI 177 I 1 . i  - 2 2  167 
SV - RF assy - FL 171 13.4 - 4 I67 
SV - RF a s s y  - VHF I80 1 1  - 4 161 

RF assy - PCM Ill 

SV - TM cal ib  -1.9 5 . 3  - 4 185 
SV - TM calib control 5.6 3.5 14 185 

SV - M e d s  rdck 60 : I  - i ILL 
S V  - M e a s  rack re1 5 2 . 4  - i 1'2 

-65 185 
-65 185 
- 4 I67 - 4. I61 
-65 185 

-80 200 
-80 200 
-80 200 
-80 200 
-80 200 

Veh C P  New micromin c 
Veh C P  New niicromin c 
Veh C P  N e w  micromin c 
Vch C P  New microniin < 
Veh C p  New mic romtn  < 

SV - P I  m u l t i p l e x e r  6 
S V  - Remote d i g .  3 
SV - Remote dtg .  sub 4 

SV - F L  6 
SV - Slow speed 14 

SV - Tape recorder i o  
SV - DDAS ~ n t e r l a c e  unit J 
SV - Coax~d l  swltch  1 
Lunar mod TV carnerd 1 

(Westhse)  

5 V  - C-Band Xponder 

I.. 
X - i 167 

-65 185 
-65 185 
- i I61 

- i o  I85 
-80 200 
-80 ZOO 
-40 185 

veh  cp Apollo Iape reci 
Veh C P  SV - DDAS intei 
Veh C P  SV - coaxial  sw 
Veh C P  Lunar  m o d  TV < 

M, 5 c e  I I *  neou 6 

e q u p m e n t  

- i I61 

- 4 167 

- 4 167 

-65 200 

-65 LOO 

-65 L O O  

Veh C P  SV C-band franr 

Vch C P  Improved SV r a  

Veh C P  Improved Gemi  

1 5  1 -  - 

-65 185 
-65 185 

- 4 I61 
- i 167 - i I67 

-65 L O O  
-65 L O O  

-65 L O O  
-65 200 
-65 LOO 10 1 3 1  

0 150 
0 150 

-65 185 
-65 185 

SV B a t t e r y  (Edgle P i c h e r )  
Apollo fuel c e l l  (Ph W )  t 'r , ! l , , lry power 

5 .uurce  s"l. ,r cel ls  

. , /p111, s v  n,astcr  l l l e * h  volt.ig:e 
-65 L O O  
-65 L O O  

L i  167 - i 167 

-65 185 

32 ILL 
3 2  ILL 

-65 L O O  

I f  
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Veh C P  
Veh C P  
Veh C P  
Veh C P  

Veh C P  
Veh C P  
Veh C P  
Veh C P  
Veh C P  

~~ 

New n u c r o n ~ n  5 5 
New micronun 10 10 
New m i c r o n ~ n  2 5 
New niicromxn 5 5 

Improved SV 50 I O  
Improved SV 50 I O  
Improved SV 50 10 
Improved SV 50 10 
Improved SV 50 10 

Veh C P  
Veh C P  

Veh C P  
Veh C P  

Integral  
Integral 
Integral 
Integral 
Integral  

Veh C P  
Veh CP 
Veh C P  
Vch C P  

Improved SV 4 4 -65 it15 -65 200 
Improved SV 4 Z -65 185 -65 2 0 0  

Advanced mcromm I O  > -65 140 -no zoo 
SV with iniprovenient. 4 Z - 4  167 -65 Z O O  

New micromm 4 4 -65 I60 -no zoo 
New micromin ' 4 4 -65 160 - 8 0  200 
New micrornin 4 4 -65 160 -no zoo 
New micrornin i 4 -65 I60 -no z o o  
New micromin 4 4 -65 160 -no zoo 

Improved Apol lo  tape r eco rde r  2 0  15 - 4  167 -65 In5 
SV DDAS Interface unit 3 11.6 -65 in5 -no ZOO 
SV coaxial switch 1 I -65 in5  -no 2 0 0  
Lunar mod TV camera  7 n - 4  167 - 4 0  in5  

Veh C P  

Veh C P  

Improved SV C-band Xponder 

Improved SV rad a l l  2 5  

10 

3 
6 

I 5  
I 2  
n 

LO 
7 

- 4  I61 -65 LOO 

-4  161 -65 ZOO 

- 4  167 -65 2 0 0  

-65 185 -65 200 
-65 In5  -65 Z O O  

- 4  161 -65 2 0 0  
- 4  167 -65 2 0 0  
- 4  167 -65 Z O O  

- 4  167 -65 ZOO 
- 4  167 -65 185 

Improved Geniini rendez rad 

SV command receiver  
SV command decoder - 
Improved SV 
Improved SV 
Improved SV 

Improved Uni-5-bar.d 
Improved IIF trhnsce~ver 

40 

4 
4.5 

no 
no 
no 

1 5  
40 

3 

5 

2 - 4  167 

20 -65 i n 5  

Veh C P  

Veh C P  

lniproved SV Z - 4  167 -65 Z O O  

Improved SV > LO -65 185 -65 2 0 0  

Table 1-3. Astrionic Equipment Lists 
I 

1 
1; Intermediate  F u t u r e  Operat ional  Tinie  Pe r iod  (1968- 1971) Futu re  Operational Tinie Pernod (1'170- 1'175) 

Nonoperating Probablc  flea1 Case Temp ?onuperatiny 
enip Tolerance Cooling Eqeipnwnt  Twe Load W e i g h t  Tolerance (F) I t . ~ $ l p  - I ~ l t . r , a m  c 

(F) Method (Supplier) (watts) (Ib) (NAA Eat) (F) 

'roh.ble 
C.<>,>l,"fi 
hlcthnl - 
I n t e ~ r a l  - 

- - 
Integral 
Intepral 

Integral 
Veh CI' 
Veh Ct'  
Veh C P  
Integral 

Heat 

(wat ts)  

e(jnertia1 
ptronics. and 

Toleraace (Fl 
( N M  Eat) 

- -  
- -  
- -  
30 125 
30 125 

-65 185 
-65  185 
-40  I60 

~ 0 
125 

-65 140 

Weight 
(Lb) 

I O 0  

- 
- 
- - 
2 0  
40 

1 5  
I O  
12 
7 

I 5  

-65 I lnrproved rtrapdownguldance 
( iner t ia l  instrument.. elec- 
t ron i r a .  and power :upplies) 

n t eg ra l  I Advanced niicrornin I 30 

I25  I -65 In5  
ntegral  Advanced nllcroniin 30 I25 -65 In5 I ;; I ;; 

~~ 

Advanced rnicrornin.dig 
SV with improvcrnerts 
SV control acc 
Improved SV 
Micromin SV 

Integral 
Veh C P  
Veh C P  
Veh C P  
Integral 

IC'. 
pent. 

-no zoo 
-no 200  
- 8 0  zoo 

125 - 8 0  LOO 
30 -no zoo 

- 8 0  200 

-65 In5  
-65 In5  

-no zoo 

-no zoo 

2 0  I I 3: 

1 ker (NAA) 7 

>GO) I O  17 0 140 
r o r b  (ITT) 15 I O  -65 I60 

Apollo f l t  sequencer (NAA) 

Horizon sensor ~ i n p r  OGO 
Star t racker  - lunar  o r b  (IT? 

- 
Veh C P  
Veh C P  1 1," 

- 4 0  I60 
-65 In5 

Vch C P  
Veh Ct' 

Veh CP 

-65 160 -65 In5  

Y .40 160 l 5  Veh C P  I NDRO c o r e  nienmry -40 160 q 2 0  10 

~~ 

Veh C P  [ Improved Sv I o  Veh C P  -no zoo -65 I n 5  

-4  167 
- 4  I67 
- 4  167 
- 4  167 

~ 

-65 200 
-65 200 
-65 200 
-65 200 

-65 140 
-65 140 
-65 140 
-65 I40 

- 4  167 
- 4  I61 
- 4  167 
- 4  161 
- 4  161 

-no zoo 
-no zoo 
-no zoo 
- 8 0  zoo 

-65 200 
-65 200 
-65 200 
-65 200 
-65 200 

Integral 
Integral  
Integral  
Integral 

Veh C P  
Vth C P  
Veh C P  
Veh C P  
Vch C P  

-65 200 
-65 200 
-65 200 
-65 200 
-65 200 

-65 2 0 0  
-65 200 

Veh C P  
Veh C P  

Integral 
Veh C P  

-65 200 
-65 ZOO 

-no zoo 
-no zoo 
-no zoo 

-no zoo 
- 8 0  zoo 

Integral 
Integral 
Integral 
Integral 
Integra1 

Veh C P  
Veh C P  
Veh C P  
Veh C P  

Integral 

Veh C P  

Veh C P  

Veh C P  
Veh C P  

Veh C P  
Veh C P  
Veh C P  

-65 In5  

-80 200 
-no zoo 

-40 i n s  

-65 ZOO 

-65 Z O O  

-65 ZOO Veh C P  

-65 200 
-65 200 

Veh C P  
Veh C P  

Veh C P  
Veh C P  
Veh C P  

Vch C P  
Veh C P  

-65 Z O O  
-65 200 
-65 ZOO 

-65 185 
-65 1&5 

Veh C P  
Veh C P  

Veh C P  -6; LOO 

-65 ZOO Veh C P  - 
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The selection of a strapdown inertial  navigator for the intermediate 
future and future mer i t s  fur ther  discussion. 
inertial  navigators is  such that, with the use  of a horizon sensor ,  attitude 
reference in  the order  of *l degree is  readily achieved. 
reference o r  specific mission/experiment requirements may necessitate a 
gimbaled platform, perhaps with stellar supervision (star t racker) .  If the 
ST-1 24 is considered for this gimbaled platform, the gas-bearing nitrogen 
supply requirement imposes severe penalties. A closed-loop (recirculating) 
nitrogen supply, although mandatory for  mission durations of approximately 
24 hours,  is not a satisfactory solution. 
be to replace the three  single-axis gyros of the ST-124 with two self- 
lubricating, spherical  gas-bearing gyros. 

The development of strapdown 

More precise  

A m o r e  reasonable solution would 

Table 1-4 gives the probable equipment quantity per  system and is 
intended to  show the increased equipment quantity (complexity) with increased 
mission duration. 
backup and redundancy. Functional requirements remain fair ly  constant with 
mission duration (i. e., longer missions do not necessarily imply increased 
functions). The quantities shown in Table 1-4 for durations other than up to  
12 hours a r e  relative to the quantities indicated in the 12-hour column. F o r  
example, two LVDC's are indicated for mission durations grea te r  than 
30 days while only one is  required for a 12-hour mission, 
mean that there  will physically be two computers in  the longer missions 
(although there  may be), but it does mean that the computer for the longer 
duration is about twice the complexity and capacity of the first, due pr imari ly  
to  redundancy requirements. These quantities will affect the total vehicle 
astrionic heat load, discussed in another section. 

The indicated increases a r e  due pr imari ly  t o  the need for 

This does not 

The discussion on microelectronics (Appendix 2B in Volume 2 )  indicates 
that heat loads for the same functional requirements will continually decrease.  
At the present pace of microelectronics, a conservative estimate is that the 
total e lectr ical  heat load will decrease perhaps by half every two years;  
but with continually increasing functional requirements and astrionic system 
complexity (made possible and attractive by smaller  size,  weight, and cost, 
and improved reliability), the total heat load may decrease more  slowly, 
perhaps halving every four or five years. 
is  dictated by economic and other factors ra ther  than by technological 
capability . 

This seemingly slow improvement 

Much equipment, particularly of the digital circuitry type, will decrease  
at the much fas te r  rate. 
stage of r ada r s  and R F  units, which depend on transmitted power, will not 
decrease as significantly. Even here, however, available techniques -such a s  
trading off digital storage of information against transmitting information in  
high-frequency, short-duration bursts-will be used to reduce heat dissipation. 

Other equipment, such a s  the t ransmit ter  (output) 

*- 17 - 
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Table 1-4. Probable Equipment Quantity P e r  System Requirement* 

Equipment 

Inertial navigator 

Launch vehicle digital computer 

Launch vehicle data  adapter 

Auxiliary memory storage 

Flight control computer 

Rate gyro 

Control accelerometer 

Accelerometer signal conditioner 

Control signal processor 

Flight sequencer 

Horizon sensor 

Star tracker 

Selector switch 

Telemetry 

Telemetry RF 

Telemetry signal conditioner 

Telemetry multiplexer 

Tape  recorder 

TV camera 

C- band transponder 

Radar altimeter 

Rendezvous radar 

Radio command 

Range tracking 

S-band communication 

Distributor 

Special power supplies 

ro 12 hr 

1 

1 

1 

0 

1 

3 

2 

1 

1 

2 

1 

1 

1 

4 

5 

9 

6 

0 

0 

1 

1 

0 

1 

2 

0 

5 

7 

To 48 hr 

1 

1 

1 

0 

1 

3 

2 

1 

1 

2 

1 

1 

1 

5 

6 

9 

I 

0 

0 

1 

1 

1 

1 

2 

# o  
5 

1 

Mission Duration 

r o  10 days 

1 

1 

1 

1 

1 

3 

2 

1 

1 

2 

1 

1 

1 

6 

7 

9 

8 

1 

0 

0 

1 

1 

2 

2 

1 

5 

7 

'0 30 days 

2- 

2 

1 

1 

2 

3 

2 

1 

1 

2 

1 

1 

2 

7 

8 

10 

9 

1 

1 

0 

1 

1 

2 

2 

1 

5 

2 

lnc ludes  backup and redundancy requirements 
*Present operational time period equipment not practical for long-duration mission 

ro  90 days 

2" 
2.. 

1 

1 

2 

3 

2 

1 

2 

2 

1 

1 

2 

8 

9 

12 

10 

1 

1 

0 

1 

1 

2 

2 

1 

6 

2 

r o  180 days 

2a 

2.. 

1 

1 

2 

3 

2 

1 

2 

2 

1 

1 

2 

10 

1 1  

14" 

12 

2 

1 

0 

1 

1 

2 

2 

2 

8 

2 
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I -  
Table 1-5 i s  a comparison of a modern digital computer, the D - 3 7 C  

computer in production for Minuteman 11, with m o r e  advanced computers 
that can be available within the next two to six years.  Heat dissipation is  
reduced f rom about 300 to 15 watts, 
computer to perform the hypothetical space vehicle computation requirements 
shown in Table 1-6 could be built by conventional microelectronic techniques 
to  dissipate only 12 to 15 watts. 
of missions studied for standardized space guidance system (SSGS) f o r  the 
USAF having the mission phases of (1) prelaunch, (2)  atmospheric ascent, 
( 3 )  exo-atmospheric ascent,  (4) orbital coast, (5) orbital  change, (6)  rendez- 
vous, (7)  de-orbit, and (8)  reentry,  By using a distributed logic computer 
system (Reference 1-6) i t  was found that the same computational requirements 
could be implemented with dissipation of only 5 to  6 watts. 

It was recently found that a digital 

The hypothetical mission was a composite 

Table 1-7 indicates the equipment required to  be completely o r  partly 
operative during various phases of a typical mission. These phases include 
(1) preflight, ( 2 )  ascent, (3 )  orbital checkout, (4) orbit  t ransfer ,  (5) parking 
orbit  full power on, (6) parking orbit standby, ( 7 )  deactivated, (8) parking 
orbit  rendezvous, and (9) translunar o r  planetary injection. Orbital checkout 
is  concerned with the checkout of on-board equipment while in orbit p r ior  to 
subsequent use. 
necessary  to  reactivate other on-board equipment and to maintain attitude 
control. In parking orbit  deactivated, only equipment necessary t o  reactivate 
other equipment remains operative, and attitude i s  not controlled. The other 
mission phases a r e  self-explanatory. 

Parking orbit  standby includes the operation of equipment 

Table 1-5. Computer Character is t ics  Summary 

Availability 
Weight (lb) 
Volume (cu ft) 
Dimension (in. ) 
Power (watts) 
Clock Rate (kc) 
Add Time (sec) 
Memory Capacity: 

words 
bits 

Technology 

D- 37C 

Production Item 
39 
0.73 
20.9x5.7x10.5 
300 
345.6 
78.25 

7222 
24 
Integrated 

circuits, disc 
memory 

1 year 
19 
0.26 
5- 1 / 2 ~ 7 -  1 / 2 ~  11 
72 
7 50 
4 

17,408 
2 4  
MOS IC's, 

laminated 
ferrite memory 

Advanced Computer 

2 to 3 years 
13 
0. 13 
5- 1 / 2 ~ 7 - 1 / 2 ~ 5 -  1/2 
45 
7 5 0 2  9 
4 

17,408 
24 
Polytab MOS IC's, 

laminated 
ferrite memory 

~~ 

3 to 5 years 
9 
0. 08 
4- 1 / 2 ~ 6 -  1 / 2 ~ 4 -  1/2 
15 
750 4 4 
4 

17,408 
24 
Reg bond MOS IC's, 

epitaxial 
ferrite memory 

SID 6 7 - 3 7 3 - 1  
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~ 

?relaunch 
Accelerometer calibration 
Platform alignment and gyro bias 

Mi s sion targeting 
calculation 

Subtotal 

Table 1-6. General Purpose Computer Requirements 

Atmospheric Ascent 
IMU mechanization 
Navigation computation 
Steering 

Subtotal 

Exo-atmospheric Ascent 
IMU mechanization 
Navigation computation 
Attitude control 

Subtotal 

3rbit Coast 
Integrate free-fall navigation 

equations of motion 
Orbit determination by smoothing 

and filtering 
Sensor pointing 
IMU alignment and gyro bias 

calculation by smoothing 
and filtering 

Orbit Change 
Set up rendezvous injection 
Set up midcourse maneuver 
IMU mechanization 
Navigation computations 
Orbit change s teer ing 

Rendezvous 
Rendezvous sensor  pointing 
IMU mechanization 
Navigation computation 
Rendezvous vehicle control 

4 

De or  bit 
Set up deorbit 
IMU mechanization 
Navigation computations 
Optimal estimating 

Reentry 
LMU mechanization 
Navigation computation 
Reentry vehicle control 

Subtotal 

Subt ot a1 

Subtotal 

Subtotal 

Subtotal 

- 

Storage, 
Instructions, 
md Constants 

520 
340 

380 
1240 

320 
290 
220 

830 

320 
290 
290 

900 

60 

4660 

360 
80 

5160 

1280 
220 
320 
290 
47 0 

2580 

200 
320 
290 
370 

1180 

690 
32 0 
290 

2650 
3950 

320 
290 
620 

1230 

Operations 
per  Mission 

660 
540 

340 

280 
440 
170 

280 
440 

70 

1800 

8700 

1930 
430 

1940 
8000 

280 
440 
210 

1930 
280 
440 
49 0 

14,870 
280 
440 

14,930 

280 
440 

1130 

Seconds per  
Iteration 

Tot Cri t ical  
Tot Cri t ical  

300 

0. 1 
0.1 
0. 1 

0.1 
0.1 
0.1 

10 

10 

0.33 
Not Cri t ical  

300 
60 

0.2 
0.2 
0.1 

0.1 
0.5 
0.5 
0.1 

30 
0.5 
0.5 

30 

1 
1 

0 . 2  

- 20 - 
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Operations 
per  Second 

~ 

1 
1 

2800 
4400 
1700 

8900 

2800 
4400 

700 
7900 

180 

870 

5790 

6840 

. 7  
14 

1400 
2200 
2100 ' 

5721 

1930 
560 
880 

4900 
8270 

496 
560 
880 
4913 

2434 

280 
440 

5650 
6370 
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On the basis of Tables 1-3, 1-4, and 1-7, the maximum heat loads for 
various mission phases and several  mission durations were determined. 
Results a r e  shown in Figures 1-5, 1-6, and 1-7 for the present,  intermediate 
future, and future operational t ime period equipment, respectively. Mission 
durations of 10 hours, 48 hours,  10 days, 30 days, 90 days, and 180 days 
a r e  represented, 
more  properly, worst  case,  They assume that the full shopping list of 
equipment is  utilized, i. e. , they do not account for the possibility that 
specific equipment may be deleted for specific missions. Fur ther ,  they 
assume that all redundant and backup equipment is energized, except for  that 
of the orbit standby and orbit deactivated phases. 
i l lustrate the downward trend in  equipment heat load that might be expected 
using future equipment and the increase in total integrated heat load with 
increased mission time, This la t ter  increase s tems from the requirement, 
for reliability purposes, for increasing quantities of redundant equipment 
with increase in mission duration, and from the assumption that all such 
equipment is  energized, The figures a lso facilitate establishment of a heat 
load profile t o  correspond to  a mission profile with various mission phases 
and t imes.  This is illustrated in Figure 1-8, which represents  a maximum 
heat load case. The drop in equipment heat load at a mission t ime of about 
10 hours corresponds to the condition shown in  Figure 1-5 for the orbital 
t ransfer  period, during which some of the equipment was assumed to  be 
turned off, Similar heat load profiles established for the three mission 
models selected for  this study give maximum and minimum cbnditions, as 
well as heat load variations with mission phases. 

It should be noted that the heat loads a r e  maximum or ,  

The figures clearly 

The thermal design of astrionic equipment packages is  affected by the 
means employed for transferring package heat dissipation to  a heat sink. 
Heat t ransfer  techniques used within astrionic packages include: 

Conductive mat  e rials 
Encapsulant s 
Component fins 
Module retainers  
Module heat shunts 
Convection techniques 
Ebullient cooling 
Heat pumps 
Radiation 

The application of these techniques is described in Appendix 2B to Volume 2 
of this report  (SID 67-373-2, Pages 255-262); a discussion of suitable 
temperature control devices/techniques fo r  individual packages o r  coldplates 
may be found i n  the same'section of the repor t  (Pages 263-269). A summary 
of cooling devices and systems is  shown in Table 1-8, and a more  detailed 
description of applicable heat sink concepts is  presented in Appendix 3 to  

- 22 - 
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Figure 1-8. Synchronous Orbit Maximum Heat Load (Present  Equipment) 

Volume 2 of this report  (SID 67-373-2, Pages 293-297). The regions of 
applicability for the cooling devices and systems listed in Table 1-8 a r e  
based on the information contained in  Figure 3A-1 in Volume 2.  
a reas  in this figure represent  regions in  which no single heat sink has  a 
c lear  advantage over any other method. 
employed for mission durations and electrical  heat loads in these regions 
will have to be established through tradeoff studies. 

Unidentified 

Hence, the optimum technique to be 

SPACE POWER SYSTEMS 

Space power systems have been evaluated for applicability to  I U  
missions based on 1968 hardware. 
radioisotopic thermoelectric generators (RTG), fuel cells, solar cells  and 
rechargeable batteries, combined operation of fuel cells  and solar cells,  
concepts of solar cell a r r a y  integration with the Saturn vehicle, and pr imary  
batteries (for missions of short  duration, such as l e s s  than one day). Space 
power systems of l e s s  than a one-kilowatt to four-kilowatt rating have been 
evaluated for applicability to I U  missions on the basis of (1) power-service 
potentiality, (2)  specific weight and service t ime,  and ( 3 )  paramet r ic  com- 
parisons among those power systems applicable to  the missions,  

Power system alternatives included 

F o r  short-duration missions,  p r imary  batteries provide the best  
service at the least  expense; for the longer missions,  fuel cells ,  RTG, and 
solar  cel ls  and batteries a r e  useful alternative power systems, as indicated 
in Figure 1-9. 
system for the various mission periods. 
the leading contenders on the basis of service t ime and power levels. 
this study, the prime interest  is the thermal interface between the power 
system and the environmental control system. 

No attempt has  been made to select  the specific power 
Rather,  the intent was to  indicate 

F o r  

- 2 6  - 
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The thermal  interfaces between the candidate power systems and the 
ECS a r e  summarized in Table 1-9. 
a r e  indicated since batteries are considered an integral par t  of all systems, 
either as a pr imary  power source for  short  duration o r  as peaking batteries,  

The interfaces with all candidate systems 

The battery cooling requirements and temperature  range have been 
estimated for the various applications. 
thermal  requirements of the I U  batteries. Thus, the present coldplate 
method for thermal-conditioning the batteries is considered to be adequate. 
The other pr imary  power sources a r e  generally designed with their own 
thermal  conditioning system. 
thermal  conditioning system varies  with each of the pr imary  sources,  which 
have been briefly reviewed. 

They a r e  s imilar  to  the current  

The possible interfacing with a separate 

For  the fuel cell system, which is  internally cooled, the indicated 
coolant temperature  ranges and heat loads place it within Group I1 of 
Figure 1-4; thus, the system can be readily integrated into the ECS of the 
IU. The fuel cell or  cells  can be placed directly into the thermal conditioning 
loop or placed in a separate loop and thermally connected to  the other thermal  
loop with a common heat exchanger, 
water from the fuel cell system, which could be used for cooling. 

An additional interface would be the 

F o r  the radioisotopic thermoelectric generator system, the self- 
contained or  integrally designed thermal conditioning system is the only 
practical  approach. The only point of interfacing may be the utilization of 
the waste heat through a heat exchanger in  the RTG radiator heat rejection 
loop. 

, 

Solar cells, in general, would not have direct  interface with an ECS 
in the IU except for the possible thermal interface between the radiating 
surfaces  (passive radiators) of the solar cell panels and the I U  outer surface, 
which would also be a radiating surface. 
tu res  and heat loads a r e ,  in general, nominal, and so  the influence of this 
thermal  interface can be assumed to be minimal. 

The solar  cell operating tempera-  

SID 67-373-1 
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Table 1-9.  Comparison Matrix of Two- to-Four-Kilowatt 
Alternative Power Systems for Instrument Unit 

P a r  am et e r 

State of the a r t  
Reliability 

Specific weight, lb/kwe 
Specific shield weight, 

lb/kwe (5-10 rem/ l80  
days a t  16.0 f t )  

Specific volume, ft3lkwe 
Time ra t e  of specific 

volume, ft3/kwe x 30 
days 

Specific area, ft2/kwe 
E nvi r onm e ntal e f f e c ts  

Orientation constraints 

Major advantages 

Major disadvantages 

Orbit  altitude attitude 
inclination e f f  e c ts 

Efficiency, percent 
Source specific thermal  

power, kwt/kwe 
Sp e c i f i  c the r mal powe r 

radiated, kwt/kwe 

Radioisotopic 
Thermoelectric 

Generator 

Technology 
0.90 

1160 *lo0 
205 *15 

11 .5  k l . 0  
DNA 

125 * Z O  
Insignificant 

None 

Continuous 
radiation 
from heat 
source; 
integrates 
readily with 
vehicle 

Loss of heat 
with t ime; 
crew 
receives 
r a dia tio n 

None 

4 . 6  f. 5 
19.6-24.4 

188 * l .  9 

Solar Cells 
Bat ter ies  

Hardware 
0.99 

500*125 
DNA 

DNA 
DNA 

100 
Radiation 

sensitive 
*25 deg to sun 

10 percent  
10s s 

No r efu'eling 

Orientation 
r e qui r em en t s ; 
atmospheric  
d rag  a t  alt i-  
tudes below 
200 n . m i .  

Sun eclipse;  
thermal  
effects on 
power output 

9 .0-10.0 
DNA 

DNA 

DNA: Does not apply 
:::Assumes 10 percent heat loss  to vehicle s t ruc tu re  

Fuel Cells 

Hardware 
3.99 (at 50 percent 

redundancy) 
1060 *120 
DNA 

33 5 
33 5 

20 *5 
Insignificant 

None 

W a t e r  p ro-  
duced, lb/day 
(2 .0  kw) 43 
( 4 . 0  kw) 87 

Crew must  
operate fuel 
cell; cyrogenic 
tanks require  
refueling, typ- 
ically a t  30- 
day intervals 

None 

50-65 
DNA 

0.65-0.70 
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2 . 0  SYSTEM INTEGRATION 

The discussion in  the previous section has indicated that continuing 
improvements in the design of electronic equipment can be expected, but 
a radical change in the IU a s  a result of these improvements may not be 
necessary.  For the near- term application, some electronic packages may 
be redesigned to take advantage of current technology, which could increase 
the temperature  tolerance, a s  indicated in Figure 1 - 3 .  In addition, the 
reliability requirement for the longer -duration missions may necessitate 
the use of redundant components or  par t s ;  thus, improved components o r  
par t s  would be incorporated without increasing either the power requirement 
(o r  heat load) or the size of the electronic packages. A downward trend in 
equipment heat loads, smaller package dimensions, and increased use of 
integrally o r  internally cooled thermal design a r e  indicated for  the future, 
a s  is a relaxation in the temperature tolerances. These t rends lessen the 
requirements on the thermal conditioning system (TCS), and so the system 
should tend toward a simpler design. One example is the possible change 
in the design of the inertial  platform that would eliminate the need for a 
thermally conditioned nitrogen gas supply for the gas bearings. This i s  
particularly significant for the long-duration missions. 

Possible changes in the power supply can be assumed pr imari ly  for the 
longer missions. 
by other,  more  efficient power to serve a s  the pr imary  supply; in a l l  cases,  
however, batteries appear necessary to  accommodate the peak loads. The 
change from batteries to  fuel cells, for  example, requires  not only that a 
change be made in the thermal conditioning requirements, but a lso that the 
possibility of utilizing the byproduct (water)  of the fuel cell be considered 
in the synthesis of the TCS. 

As mission t ime increases ,  the batteries would be replaced 

In addition to the increase in mission time, a change in the functional 
utilization of the IU may be possible, such a s  the addition of experimental 
equipment o r  additional astrionic equipment. 
data, i t  has  been assumed that the environmental conditioning requirements,  
p r imar i ly  heat loads and temperature tolerances, would not be significantly 
different f rom the values indicated in the previous section. 
new items of equipment that may be added and that have a specific require- 
ment (s )  would be designed with their own TCS o r  within the limitations of 
the overal l  thermal  conditioning system. 

In the absence of more  specific 

Furthermore,  

- 31 - 
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Component failure and the consumption of the expendable supplies a r e  
With regard to component general features that l imit  the operational t ime. 

failure, components that have rotating and /o r  moving par t s ,  such a s  the 
centrifugal pump and the modulating flow control valve, can be assumed to 
be designed to the specific operating t ime l imit  and, thus, must be replaced 
or  redesigned f o r  the longer t ime period. Components that have no moving 
pa r t s  could be used indefinitely, with the exception of the coldplates, which 
have a considerable a rea  (100 square feet) that is vulnerable to meteoroid 
damage or  puncture. 
of the forward end of the IU to space environment increase the probability 
of such failure. 
period i f  they were adequately protected. 

The longer mission t ime and the possible exposure 

The present coldplates could be used for the extended 

I '  

On the basis of the present and indicated future trend of the astr ionic  
equipment and its requirements,  the current  TCS for the I U  has  sufficient 
mer i t  to be considered a s  an initial concept, even though i t  has limited 
operational life. F r o m  a conceptual standpoint, the present arrangement 
of the thermal  conditioning panels around the inner periphery of the IU could, 
under certain conditions, maintain the astr ionic  equipment within their  
temperature  tolerances,  o r  at least  minimize the need for additional heat 
rejection o r  heat addition. Furthermore,  the expendable heat sink - water 
and sublimator - is perhaps the only practical  means for heat rejection 
during the initial powered flight period of the mission. With modifications, 
which would include replacing components o r  pa r t s  that have limited design 
life and eliminating all or par t  of the dependency on expendable supplies, 
the current  system could be used for extended periods. 

Using the current design concept a s  the baseline, various modified 
baseline concepts have been synthesized, ranging from the minimum 
modified system for the short  missions to the more  extensive modified 
system for the long missions. These concepts represent  the major o r  
basic features required to meet the.functiona1 requirements of the TCS. 

BASELINE ECS 

The current ECS has  been reviewed to  determine the significant design 

A schematic of the current system is given in Figure 2 - 1 ,  which 
This is 

limitations for  extending the operational t ime beyond the present  six and one - 
half hours. 
i l lustrates  the thermal conditioning and gaseous supply subsystems. 
a semi-closed system that i s  heavily dependent upon stored o r  expendable 
supplies. 

- 3 2  - 
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The second significant feature that limits the operational time of the 
current  ECS i s  the expendable supply, which includes the methanol-water 
coolant, gaseous nitrogen, and cooling water ( see  Reference 2-1). Based 
on the capacity of the methanol-water accumulator and an assumed leakage 
ra te  of 0. 7 cubic inch per  hour, the lifetime of the coolant circuit  is limited 
to 130 hours. However, on the basis of the volume of GN2 required fo r  
methanol-water leakage makeup, the lifetime of the current  ECS i s  only 
about 15 hours,  and the volume of GNz available for the ST-124M inertial  
platform gas-bearing system is sufficient for only 12 hours of operation 
under the specification flow rate  of 0. 5 standard cubic foot per  minute. 
The l imit  on the lifetime of the ECS imposed by the available cooling-water 
supply (148 pounds) var ies  with orbital condition and the level of electronic 
equipment power dissipation. For  the orbits and vehicle orientations under 
consideration for this study, the lifetime l imits  imposed by the cooling- 
water supply a r e  listed in Table 2-1 for a coolant temperature  of 50 F and 
two equipment power dissipation rates. 
watts, represents  the lower limit for equipment applicable to the 1966-1969 
operational t ime period, a s  indicated in Figure 1-5 under orbital checkout 
and orbi t  full-on conditions. The other power dissipation rate,  3. 9 kilo- 
watts, represents  the total for the equipment on the present IU. It may be 
seen that, for the conditions selected, the minimum lifetime of the cooling- 
water  supply system i s  41 hours. The las t  two columns in Table 2-1 show 
the coolant temperatures  required in order  that no cooling water is necessary 
for  temperature  control. If these coolant temperatures  were to be accept- 
able, the lifetime of the cooling-water supply system would not be a limiting 
factor. 
beyond the six and one-half hours to about 12 hours with no design modifica- 
tions. For  the longer periods, modifications such a s  replaqing certain par t s ,  
increasing the amount of expendables, and adding new components a r e  
necessary.  

The f i r s t  of these rates ,  3. 0 kilo- 

Thus, i t  appears  possible that the current  system could be used 

MODIFIED BASELINE CONCEPTS 

Starting with the current  de sign concept, minimum modifications for 
extending the operational time were considered f i r s t ,  and progressively more 
extensive changes o r  modifications were considered, to satisfy the longer 
mission t ime and the other system requirements. The underlying considera- 
tions for  any modifications of the baseline system were weight and reliability, 
which have been assumed to be the most significant cri teria.  The limitations 
of the present system that were discussed in  the previous paragraph were 
based on these two cr i ter ia ,  Other considerations were  the possible design 
improvements of the present astrionic equipment and the future trend of the 
de sign and development of electronic equipment. These considerations, in 
addition to the requirements and constraints described in Section 1. 0, provide 
the bas i s  for the synthesis of the modified baseline concepts. 
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For the initial concepts, no changes in  the basic design o r  locations of 
the thermal  conditioning panels were assumed, since these panels represent 
the major  portion of the current  system design, and any basic changes would 
constitute a major  modification. 
because of potential component failure have been assumed to  be minor and 
could be accomplished readily without an appreciable increase in  system 
weight. Various approaches to the stored supplies (o r  expendables) have 
been considered, including increasing the amount of expendables, reducing 
the usage rate ,  o r  eliminating all o r  par t  of the requirements for expendables. 
Based on these considerations, four concepts have been synthesized, repre-  
senting progressive increase in the degree of modification required to the 
baseline concept, as  well a s  increased integration with other subsystems 
to meet the long-duration operational time with minimum increase in system 
weight. 
equipment would be utilized only for the control of the S-IVB stage and, thus,  
would not be used after res ta r t  to change from the checkout orbit  to the final 
mission orbit. Thus, shutoff valves programmed to shut off automatically 
af ter  the S-IVB stage has been completely spent would be added to the lines 
to  and f rom the S-IVB coolant loop. 

Any changes to the other components 

It was assumed for these initial concepts that the S-IVB electronic 

Modified Concept 1 
0 

The simplest minimum modification to extend the operating time beyond 
six and one-half hours would be to replace the components that have limited 
design life and to increase the stored quantity of water and gaseous nitrogen 
for the ST-124M bearings by adding storage tanks. The amount of increase 
in the stored water and gaseous nitrogen would be limited by mission and 
vehicle constraints, since the weight and volume of the s tores  could reach 
prohibitive values. This situation is shown in Table 2 - 2  in  which required 
weights or volumes of expendables a s  a function of mission duration a r e  
l is ted,  
of comparison. 
required amounts were obtained from Reference 1-2. 
operating t ime of the present  system is limited only by the amount of per -  
missible  increase in stored expendables. 

Quantities available in the present system a r e  shown for the purpose 

It i s  apparent that the 
These la t ter  quantities and the leakage ra tes  used to calculate 

In ad.dition, changes in the coolant flow ra te  and surface coatings of the’ 
thermal  conditioning panels and surrounding s t ructure  may be reqvired to 
utilize to  the fullest the thermal  conditioning panels for heat rejection o r  
heat retention. 
p r e s  sure  regulation of the cooling-water storage tank. 

Another change would be to use a smal le r  orifice size for the 

Modified Concept 2 

This concept is s imilar  to  Concept 1 except that the stored gaseous 
nitrogen for the ST-124M gas bearing is replaced by a gaseous nitrogen 
recirculgting system, and, in addition to the s tored water,  expendables 
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Mission 
Duration 

1 0 hours 

48 hours 

10 days 

30 days 

90 days 

180 days 

Capacity of 
present 
system 

Table 2-2. Weight of Required Expendables 
Versus Mission Duration 

GN2 for 
ST-124M Gas 

Bearing System 
(1b) 

21.75 

104 

544 

1,630 

4,890 

9,780 

28 

GN2 for 
VIethanol/ Water 
A c cumulat or  

(1b) 

0 .90  

4. 32 

2 1 . 6  

64.8 

195 

389 

1.35 

Methanol / Water 
Leakage 

(in. 3)  

7.0 

33.6 

168 

5 04 

1510 

3,020 

90  

Zooling Water 
for  3-kw 

Heat Load 
(lb) 

1 0 0  

480 

2,400 

7,200 

21,600 

43,200 

148 

f rom other sources would be utilized. 
the use of a fuel cell ,  would be to use the water f rom the fuel cel l  to augment 
the stored water supply. 
required.  
vent gas  f rom the S-IVB stage, in the event such gas  i s  available a s  a heat 
sink mater ia l  during orbital coast .  After final burn of the stage, the remain-  
ing quantity of hydrogen (173-701 pounds, according to Reference 2 - 2 )  may 
be available if utilization of the stage does not ca l l  for immediate dumping 
of the hydrogen. Use of cryogenic hydrogen gas would require the addition 
of a hydrogen-methanol cooler in the thermal  conditioning loop. 

One alternative, which depends upon 

Only the addition of a water accumulator would be 
A second possible alternative would be to  utilize the hydrogen 

Concept 2 i s  a step toward limiting the amount of stored supplies and, 
thus, minimizing any weight increase for extending the operating t ime.  

Modified Concept 3 

This concept is similar to Concept 2 except that a space radiator would 
be added to the thermal  conditioning loop fo r  heat rejection, and expendables 

SID 67-373-1 
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f rom other sources  would not be used, 
cooling during the ascent period and on a demand basis for the r e s t  of the 
mission (primarily for periods of peak heat loads). 
the case  in which the radiator is designed to  reject  all  the heat during the 
orbital  phase so that stored water would not be required. 
designed to meet both the peak and sustained heat loads could present  radiator 
f r ee  zing problems. 

The stored water would be used for 

An alternative would be 

A radiator 

Concept 3 introduces a new interface with IU s t ructure  o r  other adjacent 
s t ruc ture  fo r  which modifications would be required. 

Modified Concept 4 

This concept is s imi la r - to  Concept 3 except that it would depend on 
water  f rom fuel cells  to augment the s tored water supply. In this concept, 

- the radiator would be designed for the steady heat load, and the s tored water 
plus the fuel cell water would be used for the peak heat load periods. 

In these initial modified concepts, no change in the configuration of the 
thermal  conditioning loop was assumed, thus minimizing the extent of modifi- 
cations. The next step was to consider various modifications to the thermal  
loop for  better utilization and possible reduction in the heat loads to  the 
thermal  loop and the associated heat rejection device. 

A review of the current  astrionic equipment that i s  coldplate-mounted 
(presented in Section 1. 0) has indicated that, on the basis of the allowable 
case temperature tolerance, the equipment could be placed into three  groups: 
(1) Group I, with the narrowest temperature tolerance range (50 F to 122 F), 
is assumed to require an active ECS, which would consist of a recirculating 
coolant loop with a means for heat rejection, in addition to the thermal  con- 
ditioning panels. (2) Group 11, with a grea te r  temperature tolerance range 
( - 4  F to 167 F), i s  assumed to require only a recirculating coolant loop, 
which would depend upon the thermal conditioning panels for heat rejection. 
By separating Group I and Group 11, the heat load to the heat rejection device, 
such as the expendable heat sink or space radiator,  would be reduced. The 
Group I thermal  loop and the Group I1 thermal  loop could be connected 
thermally by a common heat exchanger with a by-pass that would permit heat 
t ransfer  f rom one loop to  the other o r  no heat t ransfer ,  depending upon 
thermal  requirements. ( 3 )  Group III, with the widest temperature  tolerance 
range (-67 F to 185 F), i s  assumed to require only a passive means for 
thermal  control. 
equipment. 
inner s t ructure  so  that the equipment heat would be t ransfer red  by the com- 

- 

There a r e  two possible alternatives for mounting the 
One method would be to mount the equipment directly to the IU 

bination of conduction 
it may not be feasible 
would be to mount the 

and radiation. 
because of the ascent heating. 
equipment on the thermal  conditioning panel and provide 

Although this is a simple approach, 
The other alternative 
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a thermally controlled shutoff valve at the coolant outlet of the panel. 
panel(s) would be located in the Group I1 thermal  loop so that, whenever 
passive cooling i s  not sufficient, the thermally controlled valve would allow 
the coolant to flow and remove the excess heat. 

The 
I 

This approach of grouping and localizing the heat rejection is  another 
means for reducing the heat rejection load on an  expendable heat sink o r  
space radiator ,  which could result  in weight savings. 
would be partially offset by the increased complexity of the overall  system. 

However, any benefit 

Table 2-3  summarizes  the alternative approaches for  thermal  control 
The TCS on the basis of astrionic equipment grouping and mission periods. 

ment groups and the various mission periods on an  integral  basis.  
I concepts to be selected will be total concepts, enc-ompassing the three  equip- 

As indicated in Section 1. 0,  a review of future astrionic equipment 
design points to  a t rend toward integrally cooled equipment ra ther  than 
packages which t ransfer  power dissipation heat by conduction to a coldplate. 
The review a l s o  reveals  t rends toward lower package heat loads, little change 
in package temperature tolerance,  and smal le r  package s ize ,  These t rends 
suggest a reduction of the number of thermal  conditioning panels required 
for  equipment cooling. 
the present  thermal conditioning configuration with no change in  the number 

mounting, including those that a r e  integrally cooled (flight control computer, 
launch vehicle digital computer, launch vehicle data adapter,  and ST -1 24  

sink would be utilized for heat rejection and in  conjunction with other heat 
rejection devices, 
controlled shutoff valve at  the outlet f rom the panel to control the heat re jec-  
tion. 
by absorbing the environmental heat, to maintain the desired overall  heat 
balance. 

For  this situation, one approach would be to maintain 

I of thermal  conditioning panels. These panels would be used for equipment 

inertial  platform assembly), and panels that a r e  not used for equipment heat I 

Each of these panels would be equipped with a thermally 

In some instances, some of the panels could serve  as a heat source,  

An alternative approach would be to remove the panels that a r e  not 

In addition to the expendable heat sink, a 
required and to rearrange the panels for maximum utilization as both heat 
sinks and heat rejection devices. 
space radiator would be used for  the necessary  heat rejection. 
of this approach would be the more  efficient overal l  heat rejection capability 
since the space radiator is more  efficient for  heat rejection than the thermal  
conditioning panels. 

The advantage 

On the basis of the projected design changes indicated in Table 1-3 f o r  
the future operation equipment, the present 16 thermal  conditioning panels 
could be reduced to about eight panels required for  electronic packages that 
would require  coldplates fo r  heat sink. The other equipment would be 
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integrally or internally thermal-conditioned. In addition to weight reduction 
by reducing the number of thermal  conditioning panels, the operating condi- 
tions may change-such as a wider temperature  range fo r  the coolant-which 
could further minimize the need for  heat rejection by expendable means o r  
reduce the space radiator size. 

These possible changes to the thermal  conditioned panels and, hence, 
to the system configuration, can be combined with the four previous concepts 
in various combinations to a r r ive  at additonal concepts that represent  a 
greater  degree of modification. 
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3.0 SYSTEM ANALYSIS 

To aid in establishing the conditions under which the possible 
modifications to the baseline thermal conditioning system will apply, a 
comprehensive analysis of the TCS was made. 
was to determine the influence of a number of system variables,  such a s  
coolant flow rate and thermal  control coating properties,  on system per-  
formance and requirements under several  different orbit conditions. 
of the analysis were used to determine the modifications of the baseline 
concept needed to extend i ts  operating time. 
a r e  summarized in the following paragraphs. 

The purpose of the analysis 

Results 

The analyses that were performed 

FLUID TEMPERATURE LIMITS 

The tolerable temperature ranges for the methanol ,water coolant, or 
other organic heat t r ans fe r  fluids (e. g. , 1 butene) in the coldplates and in 
the integrally cooled equipment, were established for the equipment now in 
the IU. This was done to  establish the maximum tolerable range and the 
highest permissible upper temperature and to identify the electronic packages 
that r e s t r i c t  o r  l imit  the coolant temperature range on an overall system 
basis.  
and modification in the equipment case temperature tolerances for NASA 
specifications have been established, 

The influence of coolant flow rate,  reduction in joint thermal  resistance,  

Figure 3 - 1  shows the upper fluid temperature l imits,  based on NASA 
equipment specification case temperature limits (References 1 - 1, 1-4, and 
1-5). It is apparent that the ST- 124M inertial  platform assembly i s  the 
c r i t i ca l  package and that it limits the upper fluid temperature to about 80 F. 
The next upper limit is about 85 F, imposed by the launch vehicle data 
adapter.  
modified case temperature limits. 
the benefit of the suggested modified case temperature limits in raising the 
upper fluid temperature limit for  a number of the electronic packages. 
However, the launch vehicle data adapter s t i l l  imposes an upper l imit  of 
about 85 F. 

Figure 3-2 shows the upper temperature l imits on the basis of 
Comparison of Figures 3-1 and 3 - 2  shows 

Figure 3 - 3  shows the lower fluidtemperature l imits for both NASA 
specification and NAA-modified case temperature limits. 
that the accelerometer  signal conditioner is the cr i t ical  package, limiting the 
lower fluid temperature to  about 59 F. 
a ture  l imits,  the lower fluid temperature limit would be about 49 F and 
would be imposed by the same package. 

The figure indicates 

Based on NAA-modified case temper- 
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Case 
No. 

I 
I .  

A1 t i tude Angle of 
(nautical In c 1 ina t i on 

miles) (degrees) 

Figure 3-4 shows the influence on the fluid upper temperature limit of 
reducing the joint thermal  resistance by using dead soft aluminum. 

Launch 
Date 

THERMAL ANALYSES (HEAT BALANCE) 

Space c raft Orientation 

Major portions of the system analysis consisted of determining the 
heat balances for the current,  o r  baseline, thermal  conditioning sys tem, 
consisting of a closed liquid coolant loop with coldplates and integrally cooled 

digital computer programs, one to establish the environmental heat flux and 
the other a general heat t ransfer  program for the thermal  analysis. 

' electronic packages. These heat balances were calculated by using two 

IU- la- 1 
IU-lb-2 
IU-lc-3 

Among the parameters  required by the orbital  heating program a s  
input data a r e  orbital altitude, angle of inclination of the orbit, launch date, 
and spacecraft  orientation. 

. the various cases  investigated. In connection with these data, i t  is  pointed 
out that only circular  orbits were considered. 
is based on specifying the direction of spacecraft  surface normals with 
respect  to  an orthogonal coordinate system, which is itself related to the 
appropriate orbit coordinate system. 
w a s  chosen to  coincide with the longitudinal axis through the center of the 
S-IVB IU combination. 

These parameters  a r e  l isted in Table 3-1 for 

The spacecraft  orientation 

The X axis of the orthogonal system 

200 I 29 I June 21 I X axis along orbit path 

Table 3- 1. Orbital Parameters  

March 21 

March 21 

March 21  

~ 

X axis along orbit path 
X axis toward sun 
Y axis toward sun 

X axis along orbit path 

.Y axis toward sun 
X axis toward sun 
X axis along orbit path 

IU-6a-8 
IU -6b -9. 
IU-6~- IO  

19, 327 
(synchronous ) 

X axis toward sun 
Y axis toward sun 

IU-3a-4 
IU-3b-5 
I U - 3 ~ - 6  

90 

IU-4a-7 I 100 ' 1 0 

0 
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I : 
Table 3-1 shows that only one vehicle orientation was investigated for 

the 100-nautical-mile orbit while three vehicle orientations were used for 
each of the other three orbits. This w a s  done because a l imit  had to  be 
placed on the scope of the investigation, and the 200-nautical-mile and 
synchronous ear th  orbits were considered to be more appropriate for  future 
missions than the 100-nautical-mile orbit. In addition, the determination 
of incident thermal  radiation indicated that there is  very little difference 
between the amounts of such radiation a t  altitudes of 100 and 200 nautical 
miles. 

Other factors that determine the magnitude of the incident heat load a r e  
the so la r  constant, magnitude of albedo radiation, and resulting ear th  
mission. 
a r e  443 Btu/hr-f t2  for  the solar constant, 40 percent of solar  radiation for 
albedo radiation, and 66. 4 Btu/hr-ft2 fo r  earth-emitted radiation. These 
values a r e  the same as  those used in Reference 3-1. The variation in the 
value of the solar  constant with variation in launch date was not considered 
significant and, therefore,  was not taken into account. 

Values for these factors ,  a s  used in the orbital heating program,.  

The vehicle configuration selected for the thermal  analysis consists of 
an IU, an S-IVB stage aft of the IU,  and a spacecraf t /LM adapter (SLA) 
forward of the IU. 
IU was, represented by an equivalent e lectr ical  network. 
into 24 equal segments corresponding to the present 24 IU locations. 

Fo r  the purpose of the computer analysis,  the complete 
The IU was divided 

For  the purpose of the thermal analysis,  it was assumed that coldplate- 
mounted equipment would cover one half of the available a r e a  (30 by 30 inches) 
of each coldplate. Hence, radiating coldplate and electronic package a r e a s  
were considered a s  450 square inches each. The electronic package weight 
assigned to  each coldplate location was determined by dividing the total 
electronic package weight for coldplate-mounted equipment (2370. 3 pounds) 
by the number of coldplates (16). This approach results in a thermally ideal 
system, as compared with the package arrangement on the present IU, which 
is on a functional basis. However, the equal distribution of electronic 
package weight and, hence, heat capacity was not expected to affect the total 
heat load on the cooling system, and the ra te  of change in the incident heat 
load w a s  expected to  be slow enough to make the effect of heat capacity on 
individual package temperatures negligible. 
by the assumption, for analysis purposes only, of constant coldplate coolant 
inlet temperature ,  regardless of the incident heat load on the IU outer shell. 

This expectation was reinforced 

Fur ther  assumptions applicable to  the construction of the IU equivalent 
network and the analysis of the network a r e  a s  follows: 

1. The single node representation for  each coldplate i s  sufficiently 
accurate for  obtaining data to  be used in a TCS selection. 

d'49 - 
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2. The heat capacity of the coolant within the coldplate passages 
is small  enough to be neglected in the equivalent network 
re pr  e s e nta t i on. 

3. The temperature difference between the IU  and adjacent s t ruc ture  
is small  enough to neglect conduction heat t ransfer  between the 
two. 

4. The electronic package cover and the coldplate'surface a r e  
equivalent to a single flat surface fo r  the purpose of defining 
internal thermal  radiation. 
regarding package dimensions and relative position on the cold- 
plates, this assumption is believed to produce resul ts  of reasonable 
accuracy because the omission of radiation f rom the package sides 
to the S-IVB dome and the SLA is offset  by neglecting the shadowing 
effect  of the packages with respect  to radiation from the bare  
coldplate surface a rea .  

In the absence of detailed information 

As indicated in Table 3-2, the electronic package heat load for coldplate- 
mounted equipment was a l so  assumed to be distributed uniformly; and, as 
mentioned in the previous discussion of heat capacity, this thermally ideal 
distribution was not expected to affect total system heat load. 
integrally cooled i tems of equipment a r e ,  of course,  actual loads. 

Heat loads for 

In this connection, it should be noted a l so  that, for  the earth-oriented 
orbital conditions (Cases 1, 4, 7, and 10 in Table 3-1), only one value of 
electronic package heat load (150 watts per  coldplate) w a s  used in the heat 
balance calculations. Fo r  the other s ix  orbital  cases  investigated, heat 
balances were obtained over the electronic package heat load range from 
50 to 250 wa t t s  per coldplate. 
balances obtained for  Cases 1, 4, 7, and 10 is that IU heat load values in 
these cases  will fall between heat loads fo r  the other two vehicles orientations 
(X axis toward sun and Y axis toward sun), which represent  minimum and 
maximum solar  heating conditions for any one orbital condition. The values 
for other variables affecting TCS requirements,  such as coolant coldplate 
inlet temperatures,  I U  outer shell  solar  absorptivity, and coolant flow rate, 
a r e  l isted in Table 3-2. 

The reason for limiting the number of heat 

The value of the conductors representing radiation heat t ransfer  paths 
w a s  determined on the basis of the sur face  emissivi t ies  l is ted in Table 3-2. 
For  the S-IVB dome, a possible range of emissivity value between 0. 05 and 
0. 90 was assumed. It w a s  considered desirable  to enhance radiation heat 
t ransfer  f rom the electronic packages, and s o  they were assumed to  be 
covered with a thermal control coating of high emissivity ( E  = 0. 9). 
same emissivity value was assumed for the outboard surface of the IU outer 

The 
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Coldplate s 
ST- 124M iner t ia l  platform assembly 
LVDC 142 watts  
LVDA 400 wat t s  
Flight contr ol computer 100 wat ts  

50, 150, and 250 wat ts  p e r  coldplate 
70 wat ts  

ECS VARIABLES 

Coldplate coolant inlet temperature 30, 50, and 75 F 
IU skin solar  absorptivity (aS) 
Coolant flow ra te  (per coldplate) 

0. 18 and 0 . 9  
60 lb /h r  

SURFACE INFRARED EMISSIVITIES 

Table 3-2. Conditions Used in Thermal  Analysis 

S-IVB dome 0.05 and 0 . 9 0  
SLA (spacecraft  /LM adapter) 0. 18 
Cold pla t e s 0. 18 
Electronic packages 0. 90 
IU  skin: 

Outboard surface 0. 90 
Inboard surface 0. 18 

ELECTRICAL HEAT LOADS I 

shell, which must  be effective in  rejecting absorbed incident radiation to the 
deep space heat sink. F o r  the rest  of radiating surfaces  (coldplates, SLA, 
and the inboard surface of the IU  outer shell), an emissivity value co r re s -  
ponding to the lowest available with commonly used thermal  control coatings 
was used. Table 3 - 3  gives the values fo r  conductance andfa ' s  used in the 
radiation heat transfer.  

The s tar t ing t ime for the thermal analysis was considered to be that of 
injection into orbit, and the IU skin temperature a t  that instant w a s  assumed 
to 'be 200 F. The corresponding S-IVB dome temperature w a s  assumed to be 
-210 F. 
conditions until approximately 30 hours af ter  launch, heat balances were 
calculated for a total of 40 hours to evaluate the effect of variations in this 

Since the S-IVB dome temperature does not reach equilibrium 

tempe r a  tur e. 

Figures 3-5 through 3- 1 1 ,  showing the relationship between coolant 
temperature  a t  coldplate inlet and equipment total power dissipation, were  
derived from the results of the thermal analysis. 
from the data presented in the appendix to this volume of the report .  
Table 3-4 l i s t s  the case number and the figures in the appendix from which 
they were  derived. 

These figures were  derived 
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Figures 3-5 through 3-11 indicate the upper and lower limits of 
equipment power dissipation fo r  the various missions and orbital conditions 
under consideration, thus avoiding the requirement for  heat rejection from, 
o r  addition to, the coolant circuit, 
equipment power dissipation limits is the permissible coolant temperature 
range determined from Figures 3-1  through 3-3. Fo r  example, in 
Figure 3-5 a Group I coolant temperature range of 60 F to 80 F i s  indicated 
by a solid horizontal line. Corresponding tp this temperature  range, and for 
the Case 3 orientation, the equipment total power dissipation upper and lower 
l imits a r e  4. 2 and 2. 8 kilowatts, respectively. Likewise, the l imits for 
Group I1 equipment a r e  4. 7 and 1. 1 kilowatts, respectively. These l imits 
signify that, a s  long a s  the equipment total power dissipation remains within 
the l imits ,  the resulting coolant temperature a t  coldplate inlet wi l l  satisfy 
equipment temperature requirements without heat rejection from, o r  addition 
to, the environmental control loop. The specific i tems of equipment that 
determine the permissible coolant temperature l imits for each group a r e  
l isted in Table 3-5; the corresponding equipment power dissipation l imits 
for a l l  missions under consideration a r e  summarized in Table 3-6. It is  
apparent that requirements for  all three groups of equipment a r e  satisfied 
i f  the permissible power dissipation l imits for Group I equipment a r e  
maintained. The effect of extending the equipment temperature limitations 
on permissible power dissipation levels is indicated by the dashed-line 
extensions of the group limits in Figures 3-5 through 3-11. Of course, 
satisfactory operation under present conditions can be obtained through 
suitable heat rejection o r  addition methods under a l l  conditions of equipment 
power dis sipation. 

The cr i ter ion that establishes these 

F rom the resul ts  of the thermal analysis presented in the appendix 
(SID 67-373-3) to this report ,  electronic package and coldplate temperatures  
a t  IU locations 2, 9, 15, and 20 and corresponding to the foregoing operating 
conditions have been summarized in Table 3-7. 
package temperatures  falling within the Group I range of Figure 3-1 (50 F to 
122 F) a r e  indicated with as te r i sks ,  
the majority of the electronic package temperatures falls  within this Group I 
range under the assumed operating conditions, and ,  with the exception of 
Cases  No, 6 and 8 at a s  = 0. 90 and coldplate heat load of 250 watts, the 
remaining electronic package temperatures fall within the Group I1 range 
(-4 F to  167 F), which indicates that a relatively wide choice exists in 
regard  to placement of electronic packages on available coldplates and that 
placement of most packages in a specific IU  location is not critical. It has 
a l ready been indicated that data for Cases 1, 4, 7, and 10 at coldplate heat 
loads of 50 and 250 watts were not obtained. 

In this tabulation, electronic 

Examination of Table 3-7 reveals that 
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Upper 

Lowcr 

Upper 

Table 3-6 .  Equipment Power Dissipation Limits for Zero 
Net Heat Gain or LOSS 

5 . 6  6. I 6. 9 5.9 > 7 . 0  > 7 . 0  

4 . 2  2 . 4  0 . 7  3 . 5  0 . 7  0 

4 . 7  5 .2  6. I 5 . 0  > 7 . 0  '.7.0 

200-n. mi. circular  ea r th  orbit 
2 9 .  inclination 

Upper 4 . 7  

200-n. mi. polar ear th  orbit 
90. inclination 

5 . 2  6. 0 5.0 ' 7 . 0  ' 7 . 0  

Synchronous ear th  orbit 
(19, 327 n. mi. ) 

0 1 . 6  2 . 7  
Lunar, ground launch 
Minimum environmental heat, 
X axis sun-oriented 

Lower 

UPVr  

Lower Lunar, ground launch 
Maximum environmental heat, 
Y axis sun-oriented 

0 ' 4 . 3  2 . 4  0 .7  1 3 . 6  0 .  

4 . 2  4 . 7  5 . 7  t 4 . 6  7 . 0  .7..0 

0 2. I 2 . 8  I .  I 

- 
0 0 

Lunar and deep space orbit. I 

Minimum environmental heat 
X axis sun-oriented 

launch 

X axis sun-oriented (Case 2 )  

Y axis sun-oriented (Case 3) 

X axis sun-orlentcd (Case 5) 

Y axis sun-orientcd (Case 6) 

X axis sun-oriented (Case 9) 

Y axis sun-orientcd (Case 8) 

Checkout orbit LOO-n. nu. 
ear th orbit 

Injection period 

Checkout orbit LOO-n. mi. 
ear th orbit 

Injection period 

Assembly and chvckout period 
ZOO-n. mi. ear th orbit 
29. inclination 

Injection period 

Assembly and checkout period 
ZOO-n. mi. ear th orbit Lunar and deep space orbital 

Maximum environmental heat 
Y axis sun-oriented 

launch 29. inclination 

ijection period 

I 

Equipment Power Diaripation Limit (kw) I I Based on NASA Specification I Based on NAA Modified 
Temperature  Limits Temperature  Limits 

. 
1 . 6  2 . 7  

6. 9 5 . 9  I ' 7 . 0  - 7 . 0  6.1 

2 . 4  0 . 7  3 . 6  

4.7 

1. I 2. I 

5.0 

0 0 

5 . 7  I 4 . 6  7. 0 > 7 . 0  

0 0 0 

6. I ' > 7 . 0  > 7 . 0  

1 . 6  o ~ 2 . 6  0 0 
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The foregoing thermal  analysis discussion is applicable to the time 
period when the S-IVB dome temperature has reached i ts  equilibrium value 
of 60 F. 
unit net heat gain o r  loss  during the initial phase of a mission, when this 
temperature is expected to  be a s  low as -210 F, the effective emissivity of 
the dome w a s  assumed to be controllable between values of 0. 05 and 0. 90. 
Instrument unit heat balances were obtained at the extremes of this emissivity 
range for the 200-nautical-mile ear th  orbit  and with the y axis sun-oriented 
(Case 3) .  
and coolant temperature a t  coldplate inlet was maintained a t  30, 50, and 75 F, 
respectively. 
Volume 2 of this report ,  indicate that an effective dome emissivity of 0. 9 
produces a significant heat loss from the instrument unit when the surface 
of the dome is at cryogenic temperatures.  However, this heat loss  can be 
suppressed quite readily by thermal  isolation of the S-IVB dome through 
application of a cover having a low effective emissivity. 
by the results applicable to  a dome emissivity of 0. 05, which reduces the 
heat loss to a more manageable level. The data suggest the possibility of 
using the S-IVB dome a s  a heat sink during the initial phase of a mission 
through selection of a dome cover with an appropriate infrared emissivity. 

To evaluate the effect  of the S-IVB dome temperature on instrument 

The electrical heat load w a s  assumed to  be 50 wa t t s  per  coldplate, 

Results of the thermal  analysis, which may be found in 

This w a s  confirmed 

The effect of nonuniform coldplate heat dissipation on coolant heat gain 
o r  loss was investigated by analyzing the variation in heat flow to the coolant 
at each individual coldplate location. 
the coolant net heat gain o r  loss data of Figures A-4, A-5, and A-6 (in the 
appendix) for a n  IU outer skin solar absorptivity value of 0. 18. 
ment power dissipation rates  of 50, 150, and 250 watts per coldplate, coolant 
heat gain or  loss at each IU location was obtained from computer data 
printouts, These data a r e  shown graphically in Figures 4-66 through 4-95 in  
Volume 2 of this report. 
of obtaining the same result  (zero  net heat gain of the coolant) with different 
total equipment power dissipation rates  depending on distribution of the power 
dissipation among the available coldplates. 

This analysis used as a start ing Point 

F o r  equip- 

Examination of the data suggests the possibility 

To augment the above heat balances that a r e  based on assumed values 
for equipment heat loads, additional heat balances were  obtained which were  
based on consideration of the coldplate and electronics components mounted 
thereon a s  an adiabatic surface with no load on the electronic components. 
Heat balances were obtained for  the current,  o r  baseline, active thermal  
control system consisting of a closed liquid coolant loop with coldplates, 
electronic packages mounted on coldplates, and integrally o r  internally 
cooled electronic packages. 

F o r  the adiabatic sur face  case,  the temperature  of the coldplates and 
Also, i t  was assumed the electronic packages was assumed to be constant. 

that the coldplates and electronic packages were  a t  the same temperature.  
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4ngle of incl: 29 deg 
Launch date: June 21 
IK axis toward sun 
[U earth orientation var ies  
with orbit position 

!OO-&mi. c i r c  orbit 
b g l e  of ind: 29 deg 
Launch date: June 21 
I axis toward sun 
:U location 21 toward sun 

iynchronoua orbit 
h g l e  of incl: 0 deg 
Launch.date: March 21 
Y axis along orbit path 
.U location 3 toward ear th  

o. 9o 

0 . 9 0  

!OO-n.mi. c i r c  orbit 
h g l e  of incl: 29 deg 
Laus.& date: June 21 
Y axis toward sun 
.U ear th orientation var ies  1 ]_ :i 
with orbit position 

ZOO-n.mi. c i rc  polar orbit 
4ngle of incl: 90 deg 
b u n c h  date: March 21 

0.90 Y axis toward sun 
[U location 21 toward sun 

! O O a . m i .  c i r c  polar orbit  
4ngle of incl: 90 deg 
h u n c h  date: March 21 
Y axis along orbit path 
:U location 3 toward ear th  

Synchronous orbit 
Angle of incl: 0 deg 
Launch date: March 21 
Y axis toward sun 
[U location 21 toward sun 

ZOO-n.mi. e i r c  polar orbit 
4ngle of incl: 90 deg 
Launch date: March 21 
K axis toward sun 
:U earth orientation varies 
Kith orbit position 

LOO-n.mi. c i rc  equatorial orbit 
4ngle of incl: 29 deg 
Launch date: March 21 
K axis along orbit path 
:U location 3 toward ear th  
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Table 3-7. Electronic Package and Coldplate Temperatures 

50 Watts 150 Watts 250 Watts 

30 50 75 30 50 75 30 50 75 

-+ NA NA - 

b IU Location 15 

ear Load/Coldplate 

IU Location 20 

Heat Load/Coldplate 
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Temperature  values of 30, 60, and 75 F were used for  the coldplates and the 
electronic packages mounted thereon, and for the internally cooled electronic 
packages. I 

I -  

The properties of the various surfaces involved i n  the heat t ransfer  
and the conduction between the coldplates and the instrument unit s t ructure  
were  considered the same as i n  the previous analysis. However, different 
values for f A ' s  were used for  the internal radiation heat transfer.  This is 
the resul t  of adding the radiation heat transfer between the IU s t ructure  at 
each coldplate location and the S-IVB dome and the SLA. 
considered in the previous analysis because the amount of heat t ransfer red  
is relatively small. The values for f A ' s  a r e  listed in Table 3-8, for two 
values for the emissivity of the S-IVB dome. F o r  the coldplate and elec- 
tronic packages mounted thereon, a single value for  the f A ' s  is given 
which was computed for a coldplate emissivity, of 0. 18 and electronic 
packages emissivity of 0.90 (Table 3-2) and on the assumption that half of 
the coldplate surface was covered by the electronic packages. 

This was not 

To perform the thermal  analysis with a digital computer, the thermal  
network used previously was modified to include the internal radiatipn heat 
t ransfer  between the IU skin a t  each coldplate location and the S-IVB dome 
and between an assumed forward structure (SLA), and by eliminating the 
coolant flow network and the coldplate-mounted electronic package network. 
The coolant flow network was eliminated, since the coldplate temperature 
was maintained a t  a selected value, and thus coolant flow need not be 
included. 
eliminated, since i t  was assumed that the coldplate and electronic packages 
mounted thereon were a t  the same temperature and thus both could be 
represented by a single node. 
was modified to accommodate the changes. 
viously with regard to the construction and use of the thermal  network were 
considered applicable. 

The network for the coldplate-mounted electronic package was 

The overall network fo r  the instrument unit 
The assumptions made pre-  

Six orbital conditions were used to provide different environmental heat 
loads a t  various orbital altitudes and orbit inclinations. 
were  considered to be the practical range of interest .  
orientation of X axis tangent to the flight path was considered to be the most 
sigr ificant. 

These conditions 
Also, the vehic'le 

The near-ear th  polar orbit  (IU-3a) gives the maximum environmental 
heat load, since one side of the vehicle is continuously exposed to the sun, 
and the synchronous earth orbit  (IU-6c) gives the minimum environmental 
heat load, since the earth emission and reflected solar  energy a r e  negligible 
and there is  a considerable period of partial  solar energy incident on the 
vehicle surface. The orbit  identified as IU-7a is identical to the maximum 
shadow orbit in Reference 3-1, and orbit  IU-10 is identical to the minimum 
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shadow orbit  of Reference 3-1. 
except for the difference in the orbital altitude. 
orbital  cases  IU-10 and IU-11. 

Orbital cases  IU-la  and I U - 7 a  a r e  identical 
The same i s  t rue for 

Table 3-9  provides a convenient guide for the numerous heat balances 
for  adiabatic coldplate surface conditions. 
S-IVB dome conditions, and the optical properties of the IU outer surfaces 
that were  used. It i s  to be noted that for each of the 48 possible combinations 
indicated on the table, 3 coldplates /electronic package temperatures  of 
30,60, and 75 F were used. 

This table gives the orbital data, 

The resul ts  of the heat balances for the adiabatic coldplate surface 
condition a r e  summarized in  Tables 3-10, 3-11, and 3-12. These tables 
present  the external heat gain o r  loss and internal heat gain o r  loss of the 
IU skin o r  coldplate/ electronic component for the configuration given irl 

F igure  2-1, and total heat gain o r  loss a s  a result  of heat t ransfer  with 
space,  the S-IVB dome, and the forward s t ructure  (SLA).  A net heat gain 
indicates the amount of heat that must be absorbed by a heat rejection 
system, while a net heat loss indicates the amount of heat that must  be 
added to the system to maintain the assumed coldplate/electronic equipment 
temperature.  Through the use of these tables, the desired active thermal  
system parameters  Can be established based on the type of mission, equip- 
ment heat load profile and temperature tolerance, and S-IVB dome tempera- 
tu re  profite. In each of the tables, the environmental heat absorbed and the 
I U  skin temperature a r e  averaged values for  one orbit. 

A review of the data presented in these tables indicates some general  
t rends to be noted. 
l inearly with the coldplate/electronic component temperature  so that inter-  
polations can be made with reasonable accuracy. 
be extrapolated to give some indication of the temperature  value for the 
coldplate/electronic component for ze ro  heat balance for  zero  equipment 
power dissipation. Second, minimum environmental heat absorption-i. e. , 
low value for the absorptivity of I U  outer surface-and minimum heat t rans-  
f e r  between thermal  conditioning system and the S-IVB dome appear 
desirable.  
equipment heat rejection ra te  between two and three kilowatts, since this 
wouldminimize the need for either heat addition o r  heat rejection to 
maintain the desired equipment temperature. 
equipment heat dissipation ra te  is  l ess  than one kilowatt, high value for 
the absorptivity of the IU  outer surface may be desirable in  order  to 
maintain the desired equipment temperature. Conversely, for the cases  of 
high heat dissipation rate,  four to five kilowatts, minimum environmental 
heat absorption and maximum heat t ransfer  between thermal  conditioning 
system and the S-IVB dome appear desirable,  particularly i f  the S-IVB 
dome temperature  is in the cryogenic temperature range (-210 F). 

F i r s t ,  the total heat gain o r  loss  appears  to vary 

Fur ther ,  the data could 

These conditions a r e  particularly desirable for the case of 

F o r  the cases  where the 

Third, 
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Table 3 -  9 .  Orbital Data and Conditions for Heat Balances -_ Active 
System, Adiabatic Coldplate Surface 

C a s e  No. 
Table  2.3) 

21111 J ,,ne L I 2 'J 

I U - l a  

hl.irch L l  'J U 

I L b c  ' J ,  I L 7  hlercli LI I, 

L 'J IU-7.1 J u n e  LI 

Lll l  I)<.<. L I 34 1u- I I 
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for the coldplate/electronic equipment temperature of 60 F, the total heat 
loss  i s  nearly the same for  the combination of low environmental heat 
absorption (IU outer surface absorptivity of 0. 18) and low heat t ransfer  
with the S-IVB dome and for  the combination of high environmental heat 
absorption and high heat t ransfer  with the S-IVB dome. 1 

Although the indicated trends a r e  generally applicable for a l l  orbital  
conditions considered, the determination of surface properties that greatly 
influence the heat t ransfer  must  still  be made based on specific consider- 
ations. These a r e  considered i n  the following section. 

, 

- 71 - 
SID 67-373-1 



N O R T H  A M E R I C A N  A V I A T I O N ,  I N C .  

3 4 9  n r n o  

- 0 0  
. . .  

+ - -0 
* r- 0. 
N O 7  
0 0 . 0  * r - 0  
I I -  

. . .  

- 
m m m  . . .  
N m N  
9 - 0  r- 1 0  - -  

I ,  

I I 

0 . m  
m o o  
. .  

2 9 '  
p a  
o ' o c  
D O  - 4  

N - 0 . 1 0  * I - - *  

m ~ m  . . .  
N 9 -  * -  

m - v  
d i d  - 

I 
I I 

- m -  
c o o  
m * I" 

, I #  

. . .  
m a o  

r - n m  

+ & a :  
O O L n  
N O N  

N m  I ,  

- 
0 0 0  

p - 9  
- 0 0  
0.- * O Q I- 

I , ,  

. . .  
- - -  

~ 

0 . v -  

0 N 

0 I 0 - 

0 

N 



N O R T H  A M E R I C A N  A V I A T I O N ,  I N C .  

Q) 

w 
k 
3 

v1 

s L 

z" 

I 1 
- 0 1  

1 - m  m l - ~  
- * m  m . 0  c 
I , ,  

. . .  0 0 1  -09. 

Ndo: i a " i  5 
I O ,  

O ~ N  . . .  - o m  
N -  

e-0 m . . .  
-09.0 I -  

9.t-0 . . .  
a d o  

- 0 -  

& <  i 
4 -  

- 0 m m  

0-9. 
m O P  

& < A  
m r m  

I , ,  , - .  I -  

o o m  o o m  0 0 0  o o m  
m a r -  m a r -  m a c  m - 0 -  & 

0 0. 

d 
Ul 0 

0 

0 3. 

0 I 
0 - 
a 

0 - 

m 0 

0 

w 
0 
$. 
k 

VI I 
0 N 

d 
0 N 

d 

m 

0 

- 0 0. 

d 
0 0. 

d 
m 
0 - 

N 

: 
h 

" 
N 

a 
P 

2 

-73- 
SID 67-373-1 



NORTH A M E R I C A N  A V I A T I O N ,  I N C .  

30""- 

m m -  m 0 7  - -rr- . . .  
I ,  

n 0 ,n 

n ,n - . . .  
n 0 - t  
-777 

0 0  

N O 0  
O f  - 1 . -  

. .  

- ,  

3 4 -  

0 3  - + -  I 

. . .  
.- o I -  

3 - 0  
. . .  
, - -  I ,  

0 -r I. 

n - I -  

, I  

. . .  - -  
I- n O 

d d i  - 
0 - -  

N N m  
I C l f  I ,  

. . .  

O - O N  

.$ n 3 -  
1. m I" , I #  

. . .  

~ 

9 I" I -  

r- m 0. 
7 0 0  1- 9 m 

. . .  
- I -  

~ 

m O - -  

01 N I- - ,- N 
m D o 1  * 0 I- 
. . .  

- - -  
I S ,  .~ 

- m  t--- 
m . r C  

< r l  . = 
o In 0 J 
N - -  -m 

m 

2 ... 
" O ?  

m -  - " 5  

VI 0 

0 

0 O. 

0 

0 N 

0 

m - 
0 

- 
N 

0 
0 N 

0 
0 - 

SID 67-373-1 
- 74 - 



N O R T H  A M E R I C A N  A V I A T I O N ,  I N C .  

4 .0  RECOMMENDED CONCEPTS 

Preceding sections of this report have established the environmental 
control requirements for electronic packages on the IU under various orbital 
conditions. The selection of applicable TCS concepts to provide the required 
thermal  control must  consider not only the permissible equipment temper - 
a ture  range, but a lso the length of time during which the system is expected 
to function. 
a r e  l isted in Table 4-1, together with an estimate of respective minimum 
and maximum durations. Based on these missions,  coolant temperature 
l imits  established in the previous section, and equipment power dissipation- 
coolant temperature relationships (Figures  3 -  5 through 3 -  l ! ) ,  possible 
thermal  conditioning system concepts a r e  described in the following para-  
graphs, together with a discussion on the applicability to  the postulated 
missions and durations. 

To that end, several  probable missions have been postulated and 

Table 4-1. Estimate of Mission Duration 

Mission 

Earth Orbit 

Synchronous Orbit 
(19, 327 Nautical Miles) 

Lunar 
(Ground Launch) 

Lunar and Deep Space 
(Orbital Launch) 

Duration (hours) 

Minimum I Maximum 

4-1/2 432 0 
(180 days) 

12 4320 
(180 days) 

4-1/2 24 

72 0 
( 3 0  days) 

1440 
(60  days) 

Examination of the data defining coolant temperature l imits and data 
on the effect of variation in equipment power dissipation on coolant temper-  
a ture  reveals that only a few items of electronic eqqipment appear to exer t  
an undue influence on thermal  control requirements.  These specific e lec-  
t ronic  packages a r e  identified in  Table 4-2, in  accordance with the coolant 
temperature  l imits that $hey impose on each equipment group. For  example, 
the lower temDerature limit for  GrouD I eauiDment is determined bv the 59 F 
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requirement of the accelerometer signal conditioner, based on present 
NASA specifications. 
is  determined by the 80 F requirement of the ST-124M inertial  platform 
assembly. Hence, if the thermal  conditioning system were required to 
satisfy these temperature limits fo r  Group I electronic packages without 
active removal or  addition of heat, the equipment power dissipation of a l l  
equipment would have to be such that the 59 to 80  F coolant temperature 
range a t  coldplate inlet is achieved by purely passive means.  Allowable 
equipment power dissipation ra tes  a r e  listed in Table 3-5 for the different 
mission parameters  under consideration. This tabulation shows that, i f  
coolant temperature requirements for equipment in Group I a r e  met ,  
Group 11 and Group111 equipment requirements also a r e  satisfied without 
any additional control system. Table 3-5 also indicates that the present  
instrument unit total power dissipation of 3 .  9 kilowatts falls  within permis-  
sible Group I limits for all listed missions and vehicle orientations except 
the synchronous orbit and lunar and deep- space injection periods under 
minimum environmental heating conditions (X axis, sun-oriented). 

The upper temperature limit for Group I equipment 

If  a separate provision were to be made for thermal  control of the 
ST- 124M inertial  platform assembly, the 80 F upper coolant temperature 
limit for  Group I equipment would be extended to the 85 F requirement of 
the launch vehicle data adapter (LVDA). Similarly, i f  the accelerometer 
signal conditioner, the platform A C  power supply, and the ST- 124 electronics 
were to  be provided with a means of preventing them f rom being overcooled, 
the lower coolant temperature limit for Group I equipment could be decreased 
to  40 F. (This is based on the assumption that the separate thermal  control 
for the ST-124M inertial platform assembly is  capable of maintaining the 
temperature  of this assembly at or  above i t s  present 50 F lower limit. ) The 
resultant band of permissiblecoolant temperatures  (40 F to 85 F) could be 
maintained over a wider range of equipment power dissipation and mission 
profiles without the requirement of active heat rejection or addition. The 
permissible  power dissipation rates,  a s  well a s  those resulting from a 
widening of the permissible coolant temperature range that i s  possible 
through equipment modifications a s  discussed in Section 3 .  0,  a r e  summarized 
in Table 4-3. 

The addition of separate controls for cr i t ical  items of equipment will 
increase the complexity of the TCS, which may not be justified for short-  
duration missions. Therefore, assuming that it is  desirable to res t r ic t  the 
number of modifications to the present I U  thermal  conditioning system to a 
minimum, it is suggested that only a means for adding heat to the coolant 
circuit be incorporated into the present system for mission durations of less 
than 24 hours.  
synchr'onous orbit missions, and the earth-orbit  phase of ground-launched 
lunar missions.  
radiation heat t ransfer  takes place from the I U  to the S-IVB dome during the 

This suggestion applies to near-ear th  orbital  missions, 

The justification for  this suggestion is that appreciable 
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N O R T H  A M E R I C A N  A V I A T I O N ,  I N C .  , : f i r s t  few hours of orbit time, when the dome i s  still a t  cryogenic temperatures ,  
unless the I U  i s  thermally isolated f rom the dome. Such thermal  isolation may 
be achieved by covering the S-IVB dome with a low-emissivity shield such a s  
aluminized mylar.  In the event that the IU  i s  not thermally isolated from the 
S-IVB dome, a quantity of heat must be supplied a t  a ra te  decreasing with 
orbit  t ime in order  to maintain the nominal 60 F coolant temperature a t  cold- 
plate inlet during the initial orbit period. The required amount of heating 
could be furnished by electr ical  resistance heating elements incorporated in 
the coolant inlet manifold, and,when heat removal f rom the system becomes 
necessary,  the existing heat sink (sublimator) could be utilized. Of course,  
the weight of expendables (water) fo r  a 24-hour mission will  have to be 
evaluated against possible alternatives. 
can be restr ic ted to  a ra te  of 60 pounds pe r  hour per  coldplate. This ra te  
was used for the major  portion of the thermal  analysis and was found to be 
satisfactory. 

It i s  a lso suggested that coolant flow 

The separate thermal  control for  the ST-124M inertial  platform 
assembly, mentioned above, can be achieved most conveniently by using a 
thermoelectric device that supplies heating a s  well a s  cooling. 
that the coolant temperature a t  the inlet of the iner t ia l  platform assembly 
exceeds the maximum permissible for the assembly, the thermoelectric 
device serves  to  lower the temperature of the portion of the coolant that flows 
through the assembly. 
to  that shown in Figure 4-1, in which the coolant passes  over the cold surface 
of the thermoelectric device before it en ters  the assembly. 
f rom the coolant by the thermoelectric device, plus the heat equivalent of the 
device power input, is rejected t o  the main coolant supply through suitable 
routing of some coolant flow past  the hot surface of the device. 
coolant temperature  a t  platform assembly inlet is below the minimum pe r -  
missible  for the assembly, the heat flow direction ac ross  the thermoelectric 
device is reversed.  The main coolant supply then serves  a s  a source of heat 
f o r  the portion of coolant flow into the assembly, and both the heat extracted 
f rom the main coolant supply and the power input to the thermoelectric'  device 
a r e  absorbed by the coolant: for  the inertial  platform assembly. 

In the event 

Implied in this situation i s  an arrangement,  s imilar  

The heat removed 

When the 

Additional performance characterist ics of thermoelectric devices may 
be found in Appendix 5A to Volume 2 of this report .  

One advantage of thermoelectric devices is their  high degree of 
reliability because of the lack of moving par ts .  
in the system, as described above, is  that it requires  no separate means for 
producing coolant flow through the cr i t ical  component. 
pumps are used to propel the coolant through a l l  par t s  of the system. 
disadvantage in using thermoelectric devices is the fact that they require  a 
constant power input, even when no heat is pumped ac ross  the device. The 
cost  of supplying this power would have to be compared with alternate means 

Another advantage inherent 

The main supply 
A 
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Figure 4- 1 .  Thermoelectric Module Installation Schematic 
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. 
for providing the required thermal  control. 
Figure 4-2 shows the performance of a typical thermoelectric device. 
power requirements a r e  those for a 70-watt heat load, which i s  the power 
dissipation ra te  of the ST-124M inertial platform assembly. 
ance character is t ics  shown indicate the rapid increase in input power 
requirements with the increase in the difference between hot junction and 
cold junction temperatures  a t  constant hot junction temperature .  

To aid in this comparison, 
Input 

The perform- 

The significant approach to  extending *the Group I (including the 
accelerometer signal conditioner) lower temperature  limit f rom 59 F to 30 F, 
(the lower l imit  of Group 11) would be to  provide a thermally actuated flow 
control valve a t  the outlet of each of the coldplates on which the Group I 
equipment is'mounted. 
coldplates a t  I U  locations 4, 5, and 20. Since only the Group I equipment i s  
mounted on these coldplates, this appears to  be an effective and convenient 
method. 

For  the current equipment layout, this would include 

For  the internal o r  integrally cooled equipment, the ST-124M iner t ia l  
platform assembly and the LVDC would require a thermally actuated flow 
control valve a t  the coolant outlet to limit the flow when the coolant tempera- 
tu re  drops to  the 30 Fvalue.  

P 

Based on the foregoing discussion relating to thermal  conditioning 
system modifications, recommended thermal  conditioning system concepts 
fo r  the missions postulated in Table 4-1 have been summarized in Table 4-4. 
Mission durations cover the range specified in Table 4-1, and electronic 
equipment heat loads a r e  those shown in Figure 1-4 f o r  specific mission 
duration. 
phase i s  recommended for a l l  missions and durations. Flow control valves 
a r e  suggested for cr i t ical  i tems of equipment in instances where the listed 
electronic equipment heat load (full-on) results in coolant temperature  at 
coldplate inlet below the minimum permissible for the equipment, based on 
NASA. specification temperature limits. A space radiator i s  recommended 
whenever active heat removal is  required beyond the initial powered flight 
phase of a mission. 
required only f o r  mission durations in excess of 24 hours,  f o r  which the 
weight of an expendable heat sink becomes excessive. 

Use of a sublimator as a heat sink during the initial powered flight 

Table 4-4 indicates that such active heat removal i s  

Coolant heaters  a r e  recommended for mission durations that include 
periods of operation under standby conditions. Whether o r  not such heaters  
a r e  necessary  in every case  depends on the lowest permissible  coolant 
temperature  for operating equipment and/or the lowest permissible  storage 
temperature  for nonoperating equipment. The ST- 124M inertial  platform 
assembly, for example, requires  a minimum 50 F coolant temperature  under 
operating conditions and a minimum 30  F temperature under nonoperating 
condition. Hence, if this i tem of equipment i s  turned on during standby 
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Table 4-4. Recommended Thermal Conditioning Systems 

Electronic 
Equipment Phymical Condition of 

k a t  h a d  (hv) Inmtroment Unit R * c o m ~ n d e d  Thermal  Conditioning Symtem Mimsion Profi le  

Orbi t  

Near ea r th  
(LOO-n mi) 

Synchronous 

- 
ull-On 

3.1 
- Orientation 

. axi. sur-or iented 

tandby Outer Shell S-IVB Dome 

- om /, = 0 .20  = 0 . 0 5  Sublimator for initial powered flight 
Flow controlvalve for accelerometer  mima1 conditionel 

3 . 2  

- 
4 . 6  

Subl inutor  for initial powered flight 
Flow controlvalve for  accelerometer  migmal conditioner 
(Coolant heatera to operate  during atandby condition) 

Subl inutor  for initial powered flight 
* =  0.05 I (Coolant heater. to operate  during standby condition) 

0 . 9  Ins, ,  = 0.201 

5 . 3  

- 
3.1 

3. 2 
- 
L 

4 . 6  

- 
5.3 

~~ ~~~ ~ 

Sublinutor  for initial powered flight 
(Coolant heater. to operate during mtandby condition) 

- I u m  1, = 0.201 e =  0 . 0 5  I Sublinutor  fo r  initial powered flight ' axis sun-oriented 

0 . 8  0.1, = 0.20 L =  0 . 0 5  Sublimator for initial powered flisht 
(Coolant heatera to operate durlng mtandby operation) 

0 . 9  am/' = 0.20 e =  0. 05 Space radiator 
Sublimator for  initial powered fhght 
(Coolant heater. to operate  during standby operation) 

80 days 

I - 
80 days 

Suhlimator for  initial powered flight 
(Coolant heaters  to operate  during mtandby operation) 

: axis Bun-oriented ! I  hour. 3. 2 0 . 8  

- 
0 . 9  

Suhlimator for  Initial powered flight 
Coolant heaters  for  ST-124-M inertial platform 

amsembly (and to operate  during atandby condition) 
Flow controlvalvem for accelerometer  mignal condi- 

tioner. platform AC power mupply. and ST-I24 
elcctronicm 

Sublimator for initial powered flight 
(Coolant herterm to operate  during standby condition) 

,O dry. 4. b 

80 daym 5.3 1 . 0  

- 
0 . 8  

Sublinutor  for initial powered flight 
(Coolant hea te r s  to ope r s t s  during mtandby condition) 

Suhlimator for initial powered flight 
Flow controlvalve for accelerometer mignal conditione! 
(Coolant heater. to operate during atandby condition) 

!4 hour. 3. 2 

BO days 4.6 0 . 9  I os /, = 0.201 = 0 . 0 5  Subli-tor lor Initial powered {light I (Coolant heater. to operate  during atandby conditio") 

.80 days 5.3 
~~~ 

Sublinutor  fo r  mitial powered flight 
(Coolant heater. to operate  during mtandby condition) 

10 hours  3 .  I om I ,  = 0.20 e = 0.  05 Sublimator for initial powered flight 
Coolantheater for  ST-124-M iner t ia lplatform ammemhl 
Flow control valves for accelerometer  signal condi- 

tioner. platform AC power supply. and ST-I24 
electronics  

3. I 

- 
3.1 

!4 hours  

IO hours  

Coolant heater for  ST- 124- M iner t ia lplatform ammcmbly 
Flow control valvem fo r  accelerometer  mignal condi- 

tioner. platform AC power supply. and ST-I24 
electronics  

Flow control valve for accelerometer  signalconditione 
I axis sun-orientet 

24 hours  3 . 1  - I n m / .  = 0 .20 l  f =  0 . 0 5  I Sublimator for initial powered fhght 
Flow controlvalve for accelerometer m ignal conditione 

30 days 4 . 4  0.9 l o s / +  = 0.201 * =  0.05 Suhlimator for initial powered flight I (Coolant heater. to onerate durinn standbv condition) 

bO daym 4. 6 

- 
4 . 4  

0 . 9  

- 
0 .  9 

Sublimator Lor initial powered flight 
(Coolant heatera to operate  during atandby condition) 

I= 0 . 0 5  

a =  0 . 0 5  
~ 

Space radiator 
Sublimator for initial powered flight and peak power 

(Coolant heater. to operate  durmg standby condition) 

Space radiator 
Suhlimator for initial powered flight a d  peak power 

(Coolant heaters  to operate  during mtandby condition) 

lords  

loads 

Y axis sun-oriente.8 30 days 

60 days 

- 
4. b 0 . 9  urn 1' = 0 .  2c e = 0 . 0 5  
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I 

operation, heat must be supplied to the coolant because coolant equilibrium 
temperature will be below 50 F. If the inertial  platform assembly has  been 
supplied with a separate coolant temperature control system, such a s  a 
thermoelectric device, then the requirement for active heat addition to the 
main coolant supply wi l l  be determined by the temperature requirements of 
other equipment. 

The applicability of the recommended TCS concepts rests upon the 
following assumptions with regard to  a basic system and its properties:  

1. 

2. 

3 .  

4. 

5. 

6 .  

7 .  

_ _ _ ~  ~~ 

The basic system consists of 16 coldplates through which a water- 
methanol coolant is circulated. 

A sublimator or  similar device is available for reducing the 
temperature of the coolant through heat t ransfer  to  an expendable 
heat sink (stored water). 

Means a r e  provided for separate control of cr i t ical  electronic 
packages so  that the resulting permissible coolant temperature  
range is 30 F to 80 F. This modification to the present  I U  ECS 
is assumed t o  be incorporated for missions in excess  of 10 hours. 

The coolant flow rate is a nominal 60 pounds per hour per cold 
c o ldplat e. 

The infrared emissivities of the coldplates and the electronic 
packages mounted on them a r e  0.18 and 0.90,  respectively. 

A value of 0. 18 is preferable for the solar absorptivity of the I U  
outer skin to  minimize the varying effects of solar radiation a s  a 
function of orbital position. 
solar heating orientation, higher values of as may be desirable 
under conditions of low equipment power dissipation levels. 
fore,  the value of as to be used is not unique but wi l l  depend on 
orbital altitude, vehicle orientation, and the level of equipment 
power dissipation. 

However, when the I U  is in a minimum 

There-  

A value of 0 .9  is desirable f o r  the infrared emissivity of the I U  
outer skin when the I U  is in a maximum solar heating orientation 
and the equipment power dissipation level is high. 
orientations and equipment power dissipation levels, this 
emissivity value may result  in coolant temperatures that a re  too 
low. Therefore, the value of I U  outer skin emissivity t o  be used 
willhave to be determined on the basis  of the amount of absorbed 
incident radiation and equipment power dissipation level. 

F o r  other 
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I -  

8. The emissivity of the S-IVB dome is assumed to  vary  between 0.05 
and 0.9, depending on the dome temperature  profile and the desired 
effect on the I U  temperature level. 

Based on these assumptions, the recommended control system concepts 
may be applied to the postulated missions on the basis of required operating 
t ime and equipment power dissipation level. The relationship between these 
variables is summarized in Table 4-4. 

' the recommended concepts is generally insensitive to mission profile, but 
depends pr imari ly  on mission duration and equipment power dissipation 
profile. 

It is to  be noted that the suitability of 

Operating t imes up to  10  hours have been assumed to be applicable only 
to  the 200-nautical-mile earth- orbital mission and to the lunar mission with 
ground launch. F o r  these missions, constant levels of equipment power 

can be met  most  conveniently by the use  of an expendable coolant (water) on 
a demand basis.  A possible alternate means of heat rejection exists in t e r m s  
of the relatively low temperature of the S-IVB dome, which may be of use in 
I U  thermal control through selection of an appropriate value of dome infrared 
emissivity. 

- dissipation have been postulated. Any cooling requirement which resul ts  

Operating t imes up to  24 hours have been assumed to be applicable to  
a l l  postulated missions except the lunar and deep space mission with orbital  
launch. For  this  duration, the recommended pr imary  heat sink i s  s t i l l  the 
present  expendable coolant system, although different equipment power dis - 
sipation profiles a r e  considered possible. An alternate source of heat sink 
capacity is hydrogen vent gas . f rom the S-IVB stage, which could be used on 
a demand basis.  

Fo r  operating times up to  60 days, which have been assumed to be 
applicable to  all postulated missions except the lunar mission with ground 
launch, hydrogen vent gas f rom the S-IVB stage cannot be relied upon a s  a 
possible alternate heat sink because it i s  considered to be unavailable af ter  
the f i r s t  24 hours.  
of t ime will resul t  in prohibitive weight penalties. 
mended pr imary  heat sink is a space radiator ,  i f  the equipment power 
dissipation level i s  such that continuous heat rejection i s  required. 
equipment power dissipation is such that passive control i s  adequate, the 
space radiator and/or an expendable coolant could serve  to  provide heat sink 
capacity during peak power periods. 
i s  considered to  be the expendable coolant sys tem i f  water is available a s  a 
fuel ce l l  by-product. 

Also, the use of an expendable heat sink over this length 
Therefore, the recom- 

If the 

An alternate sgurce of heat sink capacity 

F o r  operating times in excess of 60 days, which have been assumed to  
be applicable only to the two ear th  orbital missions,  it i s  assumed that a 
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Operating 
Time 

power source other than fuel cel ls  will be employed. 
capacity of by-product water will  not be available, and only the pr imary  
concept (space radiator) can be considered applicable. 
expendable coolant could be employed during peak power periods if the 
thermal  lag in the system i s  insufficient. 

Hence, the heat sink 

A limited quantity of 

~ 

Heat Sinks 

P r i m a r y  Alternate 

The primary and alternate heat sinks a r e  listed in Table 4-5 f o r  the 
four assumed operating t ime periods. 

Up to 60 days 

Over 60 days 

One alternate source of available heat capacity indicated in Table 4-5 
i s  the hydrogen vent gas from the S-IVB stage. 
this cryogenic gas could be used to  absorb heat rejected f rom the environ- 
mental control system when such heat rejection is- required. However, the 
availability of hydrogen vent gas is a function of S-IVB propellant utilization 
and may not be predictable with sufficient certainty. Therefore,  the use of 
hydrogen vent gas  a s  a heat sink is recommended only a s  an alternative of 
l e s s  than prime desirability, 

The sensible heat capacity of 

Space radiator plus expend- 
able coolant: Stored water 
on demand basis 

Space radiator plus expend- 
able coolant: Stored water 
on demand basis  

Table 4-5. Recommended Heat Sinks 

Up to 10 hours 

Up to 24 hours 

~~ ~ ~~~ 

Expendable coolant: Stored 
water on demand basis 

Expendable coolant: Stored 
water on demand basis 

S-IVB Dome 

Expendable coolant: S-IVB 
hydrogen vent gas on demand 
basis  

Expendable coolant: Fuel 
c e l l  by-product wa t e r 

None 

NOTE: Electrical heaters  o r  another heat source may be required on a demand 
basis during a portion of the ascent and orbital  phases. The duration 
i s  dictated by the S-IVB dome temperature.  
outer skin to deep space heat sink i s  utilized f o r  a l l  operating times. 

Radiation from IU 
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In the thermal  analysis section of the report  it was  shown that thermal  
control of the IU  is possible under zero coolant flow conditions. 
advantage of this condition, it would be necessary  to provide separate  thermal  
control for the cri t ical  items of equipment mentioned ear l ier .  
providing this equipment with thermoelectric devices o r  other active systems, 
it would be necessary to have a completely separate  coolant c i rcui t  for this 
equipment to  have a source of coolant flow, 
system designed t o  operate with no coolant flow to most of the coldplates will  

. have compensating features,  such as  added complexity, which might be less  
desirable than those of other systems. Hence, the zero coolant flow system 
is recommended only a s  an alternative, especially for the cases  of loss of 
coolant through leakage and loss  of flow through pump failure. 

To take 

In addition to  

It should be apparent that a 
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, 

CONCLUSIONS AND RECOMMENDATIONS 

As a resul t  of the study, several  conclusions can be made with regard 
to extending the operational life and decreasing the mission sensitivity of the 
cur ren t  ECS. 
mended system concepts have been made. The conclusions, recommended 
concepts, and recommendations for fur ther  investigation a r e  a s  follows: 

Based on possible modifications to the cur ren t  system, recom- 

F o r  the various orbits,  vehicle orientations, and astrionic equipment 
considered in  this study, the operational life of the current  ECS can be 
extended, with modifications, a s  long a s  the equipment power dissipation 
ra te  is within l imits for which no heat rejection o r  addition i s  required. 
minimum modifications fo r  the current  configuration of 16 coldplates and 
integrally cooled equipment with coolant flow consists of (1) maximizing the 
heat rejection capability of the coldplate and the IU outer skin surface by 
selection of proper surface coatings (Table 4-4) and ( 2 )  extending the toler-  
able coolant temperature range by providing individual thermal  control for 
each of the few cr i t ical  pieces of equipment. 
readily incorporated into the present configuration. Once thermal  equilibrium 
has been established following powered flight, there  is a range of power 
dissipation levels within which the three categories of IU  equipment noted 
may be  operated in a passive mode (no active heating o r  cooling of the 
circulating fluid in the coldplates) fo r  an indefinite period. 
power dissipation levels, the IU thermal control system design i s  insensitive 
to  m i s  sion duration. 

The 

These modifications can be 

Within these 

Based on the minimum modifications indicated in the previous paragraph, 
there  is  a narrower range of total IU equipment operating power dissipation 
levels over which the IU thermal control system design is insensitive to the 
ear th  orbital  mission change. Within this range of power dissipation levels, 
the IU  may be operated on changed earth orbital  missions without a redesign 
of the thermal  control system. 

Based on the minimum modifications indicated in  the f i r s t  paragraph, 
there  is a range of total IU equipment operating power dissipation values 
(much narrower than those indicated in  the second paragraph) over which the 
IU  thermal  control system design is insensitive to the missions and orbits 
considered in this study. This possibility of a single design for a l l  missions 
has  been indicated, but the power dissipation range may be too narrow to be 
practical .  * 

- 
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The effect of vehicle axial orientation on the allowable power dissipation 
levels is  sensitive to the a s / €  F o r  a a s / €  of 0.20, the 
allowable power dissipation levels vary moderately between the axial orienta- 
tion for maximum s o l a r  heat and minimum solar  heat. F o r  a as/€ approach- 
ing the value of 1.0, the ,allowable power dissipation levels should vary 
considerably for different vehicle orientation. In addition, for orbital con- 
ditions that have earth shadow periods, a s / € ,  a s  i t  approaches the value of 
1.0,  resul ts  in a wide swing from the maximum to minimum net heat load on 
thermal  conditioning systems on a per-orbit  basis.  Thus, i t  would be des i r -  
able to select  a value for the a s / €  ratio to minimize o r  dampen the variation 
in the net heat load (near  the 0 . 2  value), 

of the IU  outer skin. 

F o r  the short-duration mission ( l e s s  than 24 hours),  it appears possible 
that the S-IVB dome could be used a s  the heat sink by selection of the proper 
dome surface properties. 

The results of the study for the S-IVB dome emissivity approaching 
0 .90  indicate that heat addition appears necessary to maintain the coolant 
temperature above the minimum allowable value. 
the S-IVB dome emissivity should minimize the requirements for heating o r  
cooling. 
dome temperature-time profile and expected heat load. 

Thus, a lower value for 

The selection of the emissivity value will depend upon the S-IVB 

F o r  an emergency mode, with coolant flow, a change in vehicle orienta- 
tion from maximum to minimum solar  heat ( o r  vice versa)  may provide some 
benefit, depending on whether cooling o r  heating is  required. 

A purely passive approach (no coolant flow) may be possible for the 
case of low power dissipation and with provisions for individual thermal  con- 
t ro l  for the cri t ical  components. 
further,  particularly since i t  may be used during an emergency due to coolant 
circulation failure resulting from pump failure o r  complete loss  of coolant. 

This approach should be investigated 

6 

F o r  the short-duration peak o r  spike equipment power dissipation, the 
system thermal m a s s  may be sufficient to absorb the transient heat load. A 
brief analysis indicates that, for a peak equipment heat load of l e s s  than two 
hours,  the system thermal  m a s s  appears  sufficient. 
peak or  spike heat load increases  and approaches ten hours,  the system mass ' 
is  not sufficient and so heat rejection by an appropriate means must  be used. 

A s  the duration of the 

F o r  the missions and postulated heat load profiles, various system 
concepts and alternatives have been presented. 
missions ( less  than 24 hours), one possible approach would be to utilize the 
thermal  capacity of the S-IVB dome to provide the necessary heat sink, thus 
avoiding additional heat rejection provisions. A s  the mission t ime increases  
and after the S-IVB dome temperature reaches an  assumed equilibrium level 

F o r  the short-duration 

- 90 - 
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condition (60  F), one approach would be to incorporate a space radiator,  
particularly for a sustained heat load condition above the power dissipation 
level, which requires  no active cooling of the circulating fluid. 
mission time increases  and the heat load remains a t  a relatively high level, 
requiring heat rejection, the system complexity increases .  

Thus, a s  the 

F o r  the heat load profile that has  peak o r  spike heat loads, the 
recommended approach has  been based on the duration of the peak o r  spike 
heat load. 

The thermal  analysis performed during this study has provided the 
necessary data f rom which to establish the system concepts applicable to the 
type of missions described in this report. 
a m o r e  detailed thermal analysis should be performed, using a more  refined 
o r  detailed thermal  model than the one used in this study. 
standpoint, a no-flow condition, a purely passive method, should be investi- 
gated further to simulate the condition of pump failure o r  loss of coolant due 
to leakage in  the coolant lines o r  coldplates. 
cr i t ical  f o r  only a few of the electronic packages, so the overall instrument 
unit may be able to function on a degraded basis.  Another a rea  for fur ther  
investigation is  the heat t ransfer  between the S-IVB dome and the thermal  
conditioning sys tem for various combinations of S-IVB dome temperature  
profiles and dome surface properties. 
suggests the possibility of utilizing the S-IVB dome as' a heat sink for  the 
short  - duration m i  s sions . 

There a r e  several  a r e a s  for which 

F r o m  a reliability 

Fai lure  of this type m-ay be 

The analysis presented in this report  

A better understanding of the system thermal  lag is required if  it is to 
be fully utilized for transient o r  peak equipment power dissipation cases .  In 
addition, the advantages of using heat storage mater ia ls  (particularly those 
with high heat of fusion at or  near the system temperature) should be investi- 
gated as a means of dampening the effects of variation in orbital  heat loads. 
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APPENDIX 

SUMMARY O F  HEAT BALANCE ANALYSIS 

The resul ts  of the heat balance analysis for the active thermal  control 
sys tem a r e  summarized in Figures  A-1 through A-23 for both the initial 
orbits (0  to 35 hours of orbi t  t ime)  and the condition of S-IVB dome tempera-  
tu re  equilibrium. 
represents  the average heat load rate over a complete orbit .  
instances, the variation in heat load a s  a function of orbi ta l  position was 
found to be relatively large,  especially in those cases  in which the environ- 
mental  conditions a r e  subject to wide variation due to a high value of as 
(solar absorptivity) for the IU  outer shell. 
of Figures  A-24 and A-25, which represent data for the same orbi ta l  con- 
dition, vehicle orientation, coolant coldplate inlet temperature  (50 F), and 
electr ical  equipment heat load (150 w a t t s  per  coldplate). An increase in the 
value of solar absorptivity f rom 0.18 to 0. 90 resul ts  not only in an increase 
of more  than threefold IU heat load, but also irr departure  of about *3000 
Btu's pe r  hour f rom the average value during one complete orbit .  With the 
lower value of as, it is limited to about +650 Btu's pe r  hour, a s  shown in 
Figure A-24. 

Fo r  the la t ter ,  the IU heat load shown in the graphs 
In many 

This is evident f rom a comparison 

The IU outer shell  emissivity value of 0. 90 was used in  a l l  cases.  

The variation in IU heat load a s  a function of coolant coldplate inlet 
temperature  is shown in Figures  A-1,  A-2, 
conditions described in Table A - 1 .  
electr ical  equipment heat loads of 1 .  51,  3. 11, and 4. 71 kilowatts, respec-  
tively, corresponding to individual coldplate heat loads of 50, 150, and 
250 watts;  a solar  absorptivity ( a s )  value of 0. 18 for the IU outer shell  is 
applicable to all three figures.  A net heat gain (t) in this and subsequent 
figures indicates the amount of heat that must be absorbed by a heat rejection 
system, while a net heat loss  ( - )  is the amount of heat that must  be added 
to the sys tem to maintain the assumed coolant temperature.  
Case 9 in Figure A-2, 1250 Btu's per hour must be rejected f rom the 
thermal  control sys tem to maintain the coolant coldplate inlet temperature  
at 30 F. Likewise, no heat rejection o r  addition is required for this case 
when a coolant coldplate inlet temperature of 42 F i s  used. In connection 
with the data in Figure A-2,  t h e  differences shown among the resul ts  for 
some of the cases  are  not significant. Case 4, for example, is identical to 
Case 6. 
However, calculated resul ts  show a difference between the two cases ,  
reflecting the lack of complete accuracy in the calculation method. 
method, the I U  heat load was obtained by the summation of individual coolant 

and A-3 for  the ten orbital  
The data presented a r e  for  constant 

Thus, for 

Hence, heat loads for these cases  may be expected to be the same. 

In this 

- 9 5  - 
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Figure A-24. Instrument Unit Net Heat Load, Sblar Abrorptivity = 0.18 
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Figure A-25. Instrument Unit Net Heat Load, Solar ebsorptivity = 0.9 
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Launch 
Date 

June 21  

March 21 

March 21  

March 21 

Table A- 1. Orbital Pa rame te r s  

Spacecraft Orientation 

X axis along orbit  path 
X axis toward sun 
Y axis toward sun 

X axis along orbit  path 
X axis toward sun 
Y axis toward sun 

X axis along orbit  path 

Y axis toward sun 

X axis toward sun 
X axis along orbit  path 

Case 
No. 

IU-3a-4 

IU-3c-6 
IU-3b-5 

I U - l a - 1  
I U -  1 b- 2 
IU- lc -3  

2 0 0  90 

, 

Altitude 

IU-4a-7 

IU-6a-8 

IU-6b-9 
I U - 6 ~ - 1 0  

100 0 

19,327 0 
( synchronous) 

c i rcui t  heat flows applicable to each coldplate and each integrally cooled 
piece of equipment. 

The variation in IU  heat load as a function of equipment power dissipa- 
tion is shown in Figures A-4, A-5, and A-6 for constant coolant coldplate 
inlet temperature  conditions of 30, 5 0 ,  and 75 F, respectively. These plots 
a lso i l lustrate the effect of variation in as on average IU  heatload. However, 
data for  Cases  5 and 9, which represent solar  orientation, indicate that the 
heat load for these cases  is not affected by variation in CY s .  The lines repre-  
senting Case 2 in Figures A-4, A-5, and A-6 also represent  resul ts  for  
Cases  5 and 8 when a s  = 0.18, and the lines applicable to Case 3 at as = 0. 18 
also represent  C'ase 2 a t  a s  = 0. 9. Finally, data for  Cases  3 and 4 also 
represent  resul ts  for Cases  7 and 6, respectively. 

Another method of presenting the variation in IU heat load as a function 
of IU  outer shel lsolar  absorptivity i s  illustrated in Figure A-7 for Case 3. 
These data a r e  f o r  a constant electrical  equipment heat load of 3. 11 kilo- 
watts (150 watts per  coldplate) and for  coolant coldplate inlet temperatures  
of 30, 50, and 75 F. The variation in heat load w i t h  the var ia t ionas  is 
practically linear. Hence, straight-line interpolation can be used for cal- 
culating IU  heat loads at values of a s  between 0. 18 and 0. 9 f r o m  the data 
presented in Figures  A-4, A-5, and A-6.  
Figures  A-4, A-5, 

Cross-plotting of the data in 
and A-6 results in graphs showing IU  heat load as a 
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function of coolant coldplate inlet temperature ,  with electr ical  equipment 
heat load a s  a parameter .  This type of plot is illustrated in Figures  A-8 
through A-11, which can be used to determine the coolant temperature  range 
r e su l t i n i  f rom equipment heat load variation. F o r  example, Figure A-8 
shows that, when there i s  no heat rejection f r o m  o r  addition to the coolant 
circuit  (zero I U  heat load), the coolant temperature  ranges f rom 28. 5 F a t  
Qel = 1. 5 kilowatts to 77 F a t  Qel = 4. 5 kilowatts. If this represents  the 
possible variation in e lectr ical  equipment heat load for the orbital  case in 
question and i f  the resulting coolant temperature  range i s  permissible a s  
fa r  a s  equipment operation is concerned, no cooling o r  heating is necessary.  
Conversely, if the permissible coolant temperature  range is defined, maxi- 
mum cooling and/or heating requirements can be determined for a given 
equipment heat load variation. Thus, if the permissible  coolant temperature  
range is assumed to be 40 F to 55 F and the equipment heat load var ies  
between 1. 5 and 3. 5 kilowatts, Figure A-8 indicates a maximum heating 
requirement of 1250 Btu's per  hour and a maximum cooling requirement of 
700 Btu's per  hour. 

The data discussed to this point refer  to equilibrium environmental 
conditions -i. e . ,  when the S-IVB dome temperature  has  reached i t s  final 
value of 60 F. 
injection into orbit and the t ime when equilibrium is reached (0 to 35 hours 
of orbit  t ime) ,  Figures  A-2 through A-19 summar ize  the transient conditions 
of 200-nautical-mile and synchronous earth orbits.  
heat load a s  a function of orbit t ime for coolant coldplate inlet temperatures  
of 50 and 75 F and for e lectr ical  equipment heat loads of 3.11 and 4.71 kilo- 
watts. Fo r  all operating conditions selected in this investigation, heat must  
be added to the coolant circuit  during the initial portion of each mission. 
This requirement i s  apparent f rom a n  examination of Figures  A- 1 2  through 
A-19, which also indicate that some missions will require continuous heat 
addition. Data for the synchronous orbit  with the X axis along the orbit path 
(x-tan) have not been plotted in Figures A-17, A-18, and A-19. The heating 
o r  cooling requirements for this orbital  condition will generally fall  between 
those for the two other conditions shown (x-solar and y-solar) ,  as indicated 
in Figure A-16. It should also be noted that the dip in some of the curves,  
beginning a t  an orbit  t ime of 11.4 hours, corresponds to the passage of the 
IU through the ear th ' s  shadow. 

To il lustrate conditions applicable to operation between 

These figures show I U  

Figures  A-20, A-21, and A-22 il lustrate another method of presenting 
data for the transient condition. 
with coolant coldplate inlet temperature  as a parameter .  
to a constant electrical  equipment heat load of 3. 11 kilowatts and to three 
specific orbit  conditions. F o r  the 200-nautical-mile orbit, Figure A-23 
shows IU heat load versus  orbit  time, with electr ical  equipment heat load a s  
a parameter .  
temperature  of 50 F. 

They show IU heat load ve r sus  orbit  time, 
These graphs apply 

This graphis  based on a constant coolant coldplate inlet 

- 122 - 
SID 67-373-1 



NORTH A M E R I C A N  A V I A T I O N ,  INC. 

I -  
D a t a  similar to those shown in Figures A-12 through A-19 a r e  p r e -  

sented in Figures  A-26 through A-33. 
under the same conditions of orbital  altitude, vehicle orientation, e lectr ical  
equipment heat loads, and coolant coldplate inlet temperature  as the fo rmer  
data ,  but a solar absorptivity value of 0. 9 was used for  the instrument unit 
outer shell  instead of the previous value of 0.18. Bearing in mind that the 
net heat gain o r  loss  shown in the graphs represents  the average during a 
complete orbit ,  a comparison can be made to evaluate the effect of change 
in solar  absorptivity on instrument unit heat load during varying S-IVB dome 
temperature  conditions. This comparison reveals the following: 

The latter resul ts  were  obtained 

1. The shape of the curves of net heat gain o r  loss as a function of 
t ime is not affected by variation in I U  outer shel l  solar  absorptivity. 

2. The instrument unit heat load is not affected by variation in I U  
outer shel l  solar absorptivity when the IU is in the minimum solar 
heating orientation (x-solar) and in a synchronous orbi t  o r  a 200-  
nautical-mile polar orbit. This is due to the absence of any direct  
solar  radiation incident upon the I U  outer shell  and the negligible 
effect of albedo radiation. 

3 .  When the IU is in the minimum solar heating orientation (x-solar)  
and in a 200-nautical-mile ear th  orbit  a t  90-degrees inclination, a 
change in IU  outer shell  solar absorptivity f r o m  0. 18 to 0. 9 resul ts  
in an  increase in instrument unit heat load of 1000 Btu/hr .  
increase is due to albedo radiation alone because, in the solar 
orientation, there  is  no direct  solar radiation incident upon the IU  
outer shell. 

This 

4. When the IU is in the maximum solar heating orientation (y-solar) 
and in a 200-nautical-mile ear th  orbit  a t  29-degrees inclination, 
a change in IU  outer shell solar  absorptivity f r o m  0. 18 to 0. 9 
resul ts  in an increase in instrument unit heat load of 4000 Btu/hr 
for a coolant coldplate inlet temperature of 50 F. 
e ra ture  is 75 F, the increase in heat load var ies  f r o m  3700 to 
3950 Btu/hr f rom the beginning to the end of the period investigated. 

When this temp- 

5. When the I U  is in the maximum solar heating orientation (y-solar)  
and in a ZOO-nautical-mile polar orbit, a change in IU outer shell  
solar  absorptivity f r o m  0. 18 to 0. 9 resul ts  in an increase in 
instrument unit heat load of 5500 Btu/hr  for  a coolant coldplate 
inlet temperature of 50  F. When this temperature  is 75 F, the 
increase in heat load varies f rom 4750 to 5400 Btu/hr,depending 
on orbi t  t ime and electrical  equipment heat load level. 
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I 

6 .  When the IU  i s  in the maximum solar  heating orientation (y-solar)  
and in a synchronous orbit, a change in I U  outer shell  solar  
absorptivity f r o m  0. 18 to 0. 9 resul ts  in an increase in instrument 
unit heat load of 5400-5700 Btu/hr,depending on coolant coldplate 
inlet temperature and electrical  equipment heat load level. 

Net Heat Increment (Btu /hr )  

Coolant Coldplate Coolant Coldplat e 
Inlet Temp. (50 F) Inlet Temp. (75 F) 

Electr ical  Equipment Electr ical  Equipment 
Heat Load (kw) Heat Load (kw) 

These resul ts ,  which have been summarized in Table A-2,  suggest the 
possibility of using the solar  absorptivity of the I U  outer shel l  to counteract 
the influence of the S-IVB dome during the first few hours of a mission. 
During 200-nautical-mile orbits,  however, higher values of solar  absorp- 
tivity produce large variations in solar  heating ra te  with change in orbital  
position. As a result ,  control system requirements may become difficult 
to meet if the coolant temperature  needs to be maintained within a narrow 
band. 

I Synchronous orbit I -No Change,+ I 

Table A-2. Instrument Unit Ne t  Heat Increment Due 
to as Change f rom 0. 18 to 0 .9  

200 -n. mi. orbit, t1000 tlOOO t1000 t1000 
29 degrees  inclination 
x- solar 

200-n. mi. orbit, t4000 t4000  t3700  to t3950 t3700 to t3900 
29 degrees inclination 
y-solar 

- 

200-n. mi. polar orbit  t5500 t5500 t5400  t4750 to t5200 
y- solar  

Synchronous orbit t5700 t5500  t5500  t5400  
y- solar 

Mis s ion 

Net Heat Increment (Btu /hr )  

Coolant Coldplate Coolant Coldplat e 
Inlet Temp. (50 F) Inlet Temp. (75 F) 

Electr ical  Equipment Electr ical  Equipment 
Heat Load (kw) Heat Load (kw) Mis s ion 

Synchronous o r  bit  
x- solar 

200-n. mi .  polar orbi t  
x- solar 

200 -n. mi. orbit, 
29 degrees  inclination 
x- solar 

200-n. mi. orbit, 
29 degrees inclination 
y-solar 

200-n. mi. polar orbit  
y- solar  

Synchronous orbit 
y- solar 

3.11 4. 71 3 . 1 1  4. 71 

No Change 

No Change 

t1000 tlOOO t1000 t1000 

t4000 t4000  t3700  to t3950 t3700 to t3900 

t5500 t5500 t5400  t4750 to t5200 

t5700 t5500  t5500  t5400  

x- solar 

200-n. mi .  polar orbi t  
x- solar 

No Change 

3.11 4. 71 
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For  instrument unit orientations which a r e  n 

I ’  

t affe ted by variati  ns 
in solar  absorptivity of the outer shell, and for  those cases  in which the 
increase in solar heating with increase in as is l e s s  than desired,  the temp- 
e ra ture  level of the coolant may be raised by using an outer shel l  coating 
with an infrared emissivity lower than the value of 0. 9 used in the thermal  
analysis. 
load is illustrated in Figure A-34, which represents  data for  the synchronous 
orbi t  condition and with the instrument unit in a minimum solar  heating 

. orientation (x-solar).  The instrument unit heat loads were  calculated fo r  a 
constant equipment heat load of 3 .  11 kilowatts and coolant coldplate inlet 
temperatures  of 30, 50, and 75 F. The strong influence of emissivity on 
net heat gain o r  loss  is  readily seen in the illustration. 

The effect of variation in emissivity on instrument unit total  heat 
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